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Preface 


Solar  energy  is  looked  upon  by  many  as  the  certain  solution  to 
the  energy  crisis.  Tax  advantages  are  proposed  for  installation  of 
solar  heating  and  cooling  facilities  in  homes,  and  even  law  suits  are 
being  filed  relative  to  Sun  rights.  Thus,  it  is  not  surprising  that  in 
the  past  few  years  several  proposals  have  been  made  to  use  solar 
energy  to  generate  electricity  on  a commercial  scale. 

In  this  study,  I have  attempted  to  assess  fairly  the  consumption 
of  resources  of  four  proposed  solar  electric  generating  systems,  and 
to  objectively  evaluate  the  feasibility  of  orbiting  solar  reflectors.  I 
have  approached  this  study  from  the  point  of  view  that  each  system 
should  pay  for  its  own  developmental  cost,  and  that  since  all  of  the 
systems  are  somewhat  speculative,  it  should  not  be  assumed  that 
more  than  one  copy  of  any  of  the  systems  will  ever  be  built. 

Although  most  of  the  data  for  this  study  was  gathered  from  the 
work  of  others,  I have  tried  to  repeat  calculations  in  order  to  verify 
to  myself  that  all  factors  have  been  considered.  In  those  cases  where 
verification  was  impossible,  I have  indicated  that  fact. 

The  entire  field  of  solar  electric  power  generation  is  so  new 
that  consistent  information  is  very  difficult  to  find.  Depending  on  the 
optimism  of  the  author,  data  on  resource  consumption  varies  widely. 
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In  gathering  information  for  this  study,  I have  tried  to  utiliice  the 
more  conservative  estimates. 

Throughout  this  study  I have  been  blessed  with  the  help*of  many 
kind  people.  A list  of  all  their  names  would  be  prohibitively  long. 
However,  I would  like  to  take  this  opportunity  to  again  thank  the  many 
people  who  sent  me  materials.  These  materials  proved  to  be  of  inval- 
uable assistance  to  me  in  this  research  effort.  In  addition,  I am 
grateful  to  my  typist,  Mrs.  Joyce  Clark,  for  her  professional  work 
and  helpful  suggestions. 

I especially  would  like  to  thank  Lieutenant  Colonel  Hugo  Weichel, 
deputy  head  of  the  Air  Force  Institute  of  Technology  department  of 
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cism during  the  course  of  this  research  project. 
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Abstract 

The  potential  consumption  of  natural  resources  by  four  types  of 
solar  electric  generating  systems  was  evaluated.  The  four  systems 
included  a terrestrial  solar  thermal  system,  a terrestrial  photovoltaic 
system,  an  orbiting  solar  reflector  system,  and  a satellite  solar 
power  system.  Each  system,  assumed  to  be  operational  by  the  year 
2000,  was  evaluated  on  its  projected  consumption  of  materials,  land, 
water,  manpower,  energy,  and  money. 

The  evaluation  demonstrated  that,  per  megawatt  of  electrical 
generating  capacity,  terrestrial  systems  would  consume  less  mater- 
ial, manpower,  energy,  and  money.  This  resulted  prim.nrily  because 
they  would  not  require  massive  space  transportation  and  construction 
systems  and  expensive  developmental  programs.  It  v/as  also  shown 
that  construction  of  terrestrial  systems  would  require  fewer  techjio- 
logical  advancements  and  would  pose  less  of  a threat  to  the  environ- 
ment. 

A feasibility  study  of  orbiting  solar  reflectors  demonstrated 
that  single-mirror  systems  may  be  useful  for  power  generation  in 
space  but  that  multiple-mirror  systems  have  little  applicability. 
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Backfiround 

During  the  past  few  years,  the  diminishing  nature  of  the  world- 
wide supply  of  fossil  fuels  has  become  increasingly  apparent.  In  an 
address  before  the  nation.  President  Carter  stated  that  ” . . . we 
must  start  now  to  develop  the  new,  unconventional  sources  of  energy 
we  will  rely  on  in  the  next  century  [Ref  9].  '' 

One  of  the  ways  proposed  to  solve  the  "energy  crisis" 
would  be  to  use  the  Sun  as  an  energy  source.  In  particular,  it  is  pro- 
posed that  solar  energy  could  be  used  to  generate  electricity  on  a 
commercial  scale.  This  would  be  desirable  because  the  Sun  provides 
energy  without  the  need  for  mining  and  refining  of  fuel  supplies, 
because  it  is  essentially  inexhaustible,  and  because  solar  generated 
electricity  is  practically  pollution  free. 

However,  the  Sun  is  not  necessarily  a perfect  energy  source. 
When  compared  to  conventional  methods  of  generating  electricity, 
generatio2i  of  electricity  from  solar  energy  is  more  expensive, 
requires  larger  generating  plants  (Ref  8:1-2),  and  is  hindered  by  the 
constant  motion  between  the  Sun  and  the  Earth. 


Problem 

Several  proposals  have  been  made  relative  to  the  design  of  a 
commercial  solar  electric  generating  system.  The  primary  purpose 
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of  this  thesis  was  to  evaluate  the  potential  consumption  of  natural 


resources  by  four  of  these  proposed  systems:  a terrestrial  solar 
thermal  (TST)  system,  a terrestrial  photovoltaic  (TP)  system,  an 
orbiting  solar  reflector  (OSR)  system,  and  a satellite  solar  power 
(SSP)  system. 

A secondary  purpose  of  this  thesis  was  to  evaluate  the  feasi- 
bility of  orbiting  solar  reflectors  as  Sun  imaging  systems. 

Scope 

Each  of  the  four  systems  listed  above  was  evaluated  on  its  con- 
sumption of  the  following  natural  resources:  materials,  land,  water, 
manpower,  energy,  and  money.  The  usefvilness  of  the  results  of  this 
evaluation  is  limited  by  the  fact  that  tlie  four  systems  are  at  different 
stages  of  development.  Therefore,  Chapter  V is  included  to  point  out 
some  of  the  major  technological  advancements  that  will  have  to  be 
made,  and  some  of  the  questions  that  will  have  to  be  answered  before 
these  systems  can  become  operational. 

In  addition,  the  usefulness  of  this  resource  evaluation  is  limited 
by  the  uncertainty  of  some  of  the  resource  consumption  data.  For 
example,  much  of  the  source  information  for  this  analysis  is  con- 
sidered, by  its  authors,  to  be  the  result  of  preliminary  estimates. 

In  the  future,  as  more  accurate  information  becomes  available,  it 
will  be  necessary  to  reconsider  the  conclusions  of  this  study  in  light 
of  the  new  information. 
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■A  ssumptions 


It  is  assumed  in  this  analysis  that  all  of  the  systems  either  pro-  ^ | 

posed  or  evaluated  could  be  operational  by  the  year  2000.  It  is 
furthermore  assumed  that  the  necessary  mining,  refining,  and  manu- 
facturing facilities  could  be  built  in  time  to  produce  the  tremendous  , 

quantities  of  materials  needed  for  construction  and  operation  of  the 
systems.  In  addition,  the  analysis  is  based  on  the  assumption  that 
there  will  not  be  large  scale  social  intervention,  such  as  the  environ- 
mentalist fight  over  the  Alaskan  oil  pipeline,  that  would  force  system  I 

designers  to  adopt  significantly  more  costly  construction  and  mainte- 
nance procedures. 

' f 

General  Approach 

The  major  task  of  this  research  effort  was  to  collect  data  rela- 
tive to  the  four  systems  evaluated.  Every  effort  was  made  to  compare 
the  systems  using  the  same  assumptions.  Ground  rules  were  estab- 
lished for  this  purpose.  Where  necessary,  modifications  were  made 
to  existing  designs,  but  only  in  those  instances  where  it  was  believed 
to  be  in  the  best  interest  of  the  system  being  altered. 

A space  transportation  system  was  developed,  based  on  work  by 
NASA,  and  applied  as  fairly  as  possible  to  the  OSR  and  SSP  systems, 

the  two  systems  using  space  components.  In  those  cases  where  i 

detailed  system  information  was  not  available,  independent  calcula-  j 

! 

tions  were  made  based  on  available  information.  As  a final  step  in  i 

j 
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the  resource  evaluation,  all  data  and  calculations  were  assembled, 
and  the  four  systems  were  compared  on  the  basis  of  their  resource 
consumption  per  megawatt  of  electrical  generating  capacity. 

The  feasibility  of  orbiting  reflectors  was  determined  by  con- 
sidering the  physics  of  space  optics  and  by  considering  the  advantages 
and  disadvantages  of  several  large  space  reflectors. 

Literature  Search 

A literature  search  showed  that  work  has  been  done  on  orbiting 
solar  reflectors  by  at  least  six  companies  or  individuals  in  the  past 
ten  years.  These  include;  the  Goodyear  Aerospace  Company,  the 
Westinghouse  Defense  and  Space  Center,  the  Space  Division  of 
Rockwell  International,  the  Boeing  Company,  and  NASA,  as  well  as 
independent  work  by  Krafft  Ehricke  of  Rockwell  International.  Infor- 
mation relative  to  this  work  can  be  found  in  references  (6,  7,  13,  14, 
15,  20,  21,  34,  39). 

Sequence  of  Presentation 

Chapter  II  concerns  the  physics  of  space  optics  and  the  impact 
of  this  physics  on  the  feasibility  of  orbiting  solar  reflectors.  Chapter 
m applies  the  results  of  Chapter  II  to  a particular  orbiting  solar 
reflector  proposal.  The  applicability  of  orbiting  solar  reflectors  is 
then  discussed. 
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Chapter  IV  explains  in  detail  the  procedure  and  results  of  the 
resource  evaluation.  This  is  followed,  in  Chapter  V,  by  a discussion 
of  some  of  the  major  technological  advancements  that  must  be  made, 
some  of  the  environmental  concerns  that  must  be  resolved,  and  some 
of  the  general  questions  that  must  be  answered  before  the  four  sys- 
tems evaluated  in  Chapter  IV  could  be  realized.  Some*  concluding 
comments  about  the  significance  of  the  results  of  this  research  are 
found  in  Chapter  VI. 
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II.  Solar  Optics 

The  symmetrical  properties  of  a thin  lens 

can  easily  be  shown  by  an  experiment  in  which  a lens 
is  used  to  focus  the  parallel  rays  of  the  sun  to  a point  on 
a piece  of  paper  or  cardboard  [Ref  36:228]. 

The  above  statement  must  be  read  carefully.  As  the  statement  claims, 

the  rays  from  the  Sun  which  are  parallel  can  be  approximately  focused 

to  a point.  However,  the  statement  must  not  be  interpreted  to  mean 

that,  in  all  cases,  all  of  the  Sun's  rays  can  be  focused  to  a point  or  that 

all  of  the  Sun's  rays  are  mutually  parallel.  This  is  because  "the 

diameter  of  the  Sun's  disk  as  seen  from  the  Earth  is  approximately  0.  5 

degrees,  or  about  0.01  radians  (Ref  31:9).''  Thus,  the  Sun  is  so  large 

thi\t  even  for  optical  systems  on  Ea~th,  the  Sun  appears  not  as  a point 

but  as  an  object  of  finite  size.  When  imaged,  the  Sun's  image,  although 

frequently  small,  is  nevertheless  of  some  finite  size.  This  chapter  will 

point  out  the  implications  of  this  fact  on  efforts  to  produce  an  image  of 

the  Sun  on  the  Earth's  surface  using  orbiting  mirrors.  Since  parallel 

light  is  commonly  referred  to  as  collimated,  these  two  words  will  be 

used  interchangeably  in  this  chapter. 

The  fact  that  sunlight  is  not  collimated  can  be  illustrated  by  using 
one  of  the  basic  laws  of  geometrical  optics.  This  law  states  that  a 
converging  (concave)  mirror  which  is  perfect,  (that  is,  a mirror 
free  of  all  aberrations)  will  reflect  collimated  light  to  the  focal  point 
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of  the  mirror  (Ref  18:947).  Thus,  to  determine  if  sunlight  is  colli- 
mated, it  is  simply  necessary  to  see  if  a perfect  mirror,  with  the 
proper  focal  length,  could  focus  the  sunlight  to  a diffraction  limited 
point  on  the  Earth's  surface.  The  following  calculation,  for  a mirror  in 
geosynchronous  orbit,  shows  that  sunlight  cannot  be  focused  to  a point. 

The  governing  equation  for  a perfect  mirror  is  known  as  the 
Gaussian  formula.  Symbolically,  it  is  as  follows 


where  is  the  distance  between  the  object  and  the  mirror,  is  the 
distance  between  the  image  and  the  mirror,  and  f is  the  focal  length  of 
the  mirror  (Ref  24:108,  126).  In  the  case  of  a mirror  in  geosynchronous 
orbit  that  reflects  the  Sun,  Sq  = 1.49  x 10^^  m (Ref  43:F-117).  Recall 
that  collimated  light  will  converge  to  the  mirror  focal  point.  There- 
fore, since  in  Eq  (1),  ^ f unless  S^  = infinity,  it  follows  that  sun- 

light is  not  collimated  and  cannot  be  focused  to  a point. 

A portion  of  this  thesis  was  concerned  with  aspects  of  orbiting 
solar  reflectors.  An  important  question  relative  to  these  reflectors 
is  whether  it  is  possible  to  consider  sunlight  as  being  approximately 
collimated.  If  sunlight  is  approximately  collimated,  then  it  would  still 
be  possible  to  focus  the  Sun  to  a fairly  small  diffraction  limited  spot. 

The  above  question  can  be  answered  by  using  the  equation  for  the 
diameter  of  the  Sun's  image 
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SI  = (Mi)(Dg) 


(2) 
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•where  Dg  is  the  diameter  of  the  Sun  and  Mj  is  the  magnification  of 
the  reflector; 


(3) 


(The  minus  sign  may  be  neglected  since  it  refers  to  the  orientation  of 
the  image  which  is  of  no  significance  when  dealing  with  a symmetrical 
object)  (Ref  24:112,  126).  The  subscript,  I,  in  Eq  (3)  indicates  that 
the  magnification  is  for  a one-mirror  system. 

For  a reflector  in  geosynchronous  orbit,  S^  = 3.  59  x lo"^  m, 

Sq  = 1.49  X 10^^  m,  and  Dg  = 1.39x  10^  m(Ref43:F-117).  Using  these 
numbers  in  Eq  (2),  the  diameter  of  the  Sun's  image  as  focused  on  the 
Earth  would  be  SI  = 3.  34  x 10^  m = (207  miles). 

The  conclusion  to  be  drawn  from  the  result  that  SI  = 207  miles, 
is  that,  at  least  in  some  applications,  it  is  not  even  safe  to  consider 
sunlight  as  approximately  collimated.  Although  the  Sun  is  very  far 
from  the  Earth,  it  is  also  very  large.  Thus,  optical  designs  for  Sun 
imaging  systems  should  not  be  based  upon  collimated  incident  radi- 
ation but  must  rather  consider  the  Sun  as  an  object  to  be  imaged. 


Reduction  of  the  Sun's  Image 

It  is  possible  to  reduce  the  size  of  the  Sun's  image.  However, 
as  this  section  of  the  thesis  will  demonstrate,  such  a reduction  in 
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image  size  can  be  accornplislied  only  at  the  expense  of  larger  and  more 
complex  optical  configurations. 

A typical  two-mirror  reflection  system  is  shown  in  Fig.  1.  In 
this  discussion,  the  two  mirrors  will  be  referred  to  as  the  primary 
and  secondary  mirrors.  The  primary  mirror  is  defined  as  the  mirror 
which  would  first  intercept  the  sunlight.  The  sunlight  would  then  travel 
from  the  primary  to  the  secondary  mirror,  where  it  would  be  reflected 
again  and  redirected  to  the  Earth.  Although  the  analysis  presented 
below  is  only  for  two-mirror  configurations,  it  could  be  extended  to 
configurations  of  three  or  more  mirrors. 

The  magnification  of  a two-mirror  system  is  given  by 


where  the  subscripts  1 and  Z refer  to  the  first  and  second  mirrors, 
respectively,  the  subscripts  i and  o refer  to  the  image  and  object 
distances,  respectively,  and  the  subscript  II  indicates  that  the  magni- 
fication is  for  a two-mirror  system  (Ref  24:115),  Analogously  to  Eq  (2), 
the  diameter  of  the  Sun's  image  produced  by  a two-mirror  system 
would  be 


SI  = (M^){Ds)  (5) 

n 

Thus,  for  geosynchronous  solar  reflectors,  where  S^^  = 3.  59  x 10  m, 
SqJ  = 1.49  X 10^^  m,  and  Dg  = 1.39  x 10^  m,  the  ratio  of  the  size  of 
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the  Sun's  image  between  a two-mirror  and  a one-mirror  system  is 


(Mii)(Ds)  _ ^ 

(Mi){Dg) 

as  obtained  by  dividing  Eq  (5)  by  Eq  (2). 

The  conclusion  to  be  drawn  from  Eq  (6)  is  that  it  would  be  pos- 
sible to  decrease  the  size  of  the  Sun's  image  as  focused  on  the  Earth. 
All  that  would  have  to  be  done  would  be  to  position  the  two  mirrors 
such  that  Sj^j  was  less  than  Sq2»  a relatively  easy  thing  to  do.  How- 
ever, it  would  probably  not  be  an  advantageous  thing  to  do,  for  the 
reasons  discussed  below. 

Figure  2 illustrates  geometrically  why  two-mirror  reflection 
would  probably  not  be  advantageous.  Shown  in  Fig.  2 are  two  primary 
mirrors,  a concave  and  a convex  mirror.  Each  would  reflect  sunlight 
and  each  could  be  coupled  with  a secondary  mirror  to  reduce  the  size 
of  the  Sun's  image.  Also  shown  in  Fig.  2 is  the  cone  of  reflected  light 
that  would  be  produced  by  each  mirror.  The  marginal  rays  of  these 
cones  of  light  are  drawn  with  dashed  lines  in  the  region  of  space  where 
Sjj  would  be  greater  than  ^o2'  and  with  solid  lines  in  the  region  where 
Sjj  would  be  less  than  Therefore,  in  order  for  a two-mirror 

system  to  reduce  the  image  size,  the  secondary  mirror  would  have  to 
intercept  the  cone  of  light  from  the  primary  mirror  in  the  region  of  the 
cone  drawn  with  solid  lines. 
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The  point  that  Fig.  2 illustrates  is  that  by  the  time  the  cone  of 
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ligh*-  from  the  primary  mirror  has  traveled  far  enough  that  is  less 
than  Sq2»  that  cone  of  light  would  be  as  large  or  larger  than  the  pri- 
mary mirror  itself.  Consequently,  the  secondary  mirror  would  have 
to  be  as  large  if  not  larger  than  the  primary  mirror,  in  order  for  the 
secondary  mirror  to  intercept  the  entire  cone  of  light  coming  from  the 
primary  mirror.  If  the  entire  cone  of  light  from  the  primary  mirror 
was  not  intercepted,  some  of  the  sunlight  would  miss  the  secondary 
mirror  and  the  total  amount  of  light  directed  to  the  Earth  would  be 
decreased.  Such  a reduction  in  the  total  amount  of  sunlight  directed  to 
the  Earth  could  negate  the  advantages  to  be  gained  from  a reduction  in 
the  size  of  the  image. 

In  particular,  the  purpose  of  reducing  the  size  of  the  Sun's  image 
would  be  to  increase  the  intensity  of  that  image.  But  as  it  turns  out, 
auid,  as  Fig.  2 illustrates,  it  would  not  be  possible  to  use  a two-mirror 
system  to  increase  the  intensity  of  the  Sun's  image  without  greatly 
increasing  the  total  reflective  area  of  the  mirror  system.  The  follow- 
ing analysis  points  out  the  size  of  this  problem. 

Image  Intensity  from  ^ Two-mirror 
Reflection  System 

Krafft  Ehricke,  in  an  analysis  of  two-mirror  orbiting  solar 
reflectors,  investigated  the  relationship  between  the  mtensity  of  the 
Sun's  image  focused  on  the  Earth  and  the  total  reflection  area  required 
to  produce  that  intensity  level.  In  his  analysis,  he  used  a symmetrical 


13 


two-mirror  system  in  which  the  reflecting  area  of  the  primary  and 
secondary  mirrors  was  identical. 

Symmetrical  two-mirror  systems  would  be  advantageous  because, 
in  such  systems,  the  primary  and  secondary  mirrors  could  easily 
switch  roles  after  midnight.  Such  a switch  would  be  required  because 
of  the  change  in  the  mirror  orientations  with  respect  to  the  Sun  that 
would  occur  at  midnight.  This  situation  is  illustrated  in  Fig.  3.  The 
mirrors  would  switch  roles  so  that  the  one  furthest  from  the  Sun  would 
always  be  the  primary  mirror. 

In  general,  Ehricke  found  the  following  relationship  to  be  true  of 
two-mirror  systems; 


-6 

A A ~ 10  ^ — 

P c F(d,Si2) 


(7) 


where  Ap  is  the  reflecting  area  of  the  primary  mirror,  A^,  is  the 
reflecting  area  of  the  secondary  mirror,  E^  is  the  illuminance  on  the 
Earth,  is  the  illuminance  of  a full  moon  directly  overhead  on  a 
clear  night  = 0.  107  lumen/m^  and  F(d,S^2)  given  by  the  following 
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Fig.  3.  Two-mirror  Reflection  Before  and 
After  Midnight 
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where  5^2  is  the  distance  from  the  secondary  mirror  to  the  Earth's 
surface,  r^^  is  the  radius  of  the  Earth,  f is  the  angular  diameter  of 
the  Sun  as  seen  from  the  primary  mirror  (in  radians),  d is  the 
distance  between  mirrors,  and  the  asterisk  means  that  the  variable 


is  expressed  in  units  of  the  Earth's  radius. 

To  evaluate  Eq  (7),  Ehricke  completed  a calculation  based  on  a 
clear  night  with  a symmetrical  two-mirror  system  such  that  Ap  = A^,, 
He  found  that  it  would  be  possible  to  use  a two-mirror  system  to 
produce  an  image  intensity  of  (10){I^).  However,  he  con- 
cluded: 

...  a reduction  in  image  area  is  bought  at  the  expense  of 
a very  large  increase  in  overall  reflecting  area  ...  In  fact, 
compared  to  single  reflection,  the  overall  area  is  larger  by 
a factor  of  the  order  of  700  . . . 

Thus,  while  it  is  possible  to  reduce  the  image  size  by 
optical  means  ...  it  becomes  practical  only  after  larger 
reflector  units  and  low  transportation  costs  are  state  of  the 
art  [Ref  14:30-32]. 

Thus,  at  least  at  this  time,  it  does  not  appear  advantageous  to 
use  a two-mirror  system.  Although  a two-mirror  system  could  be 
used  to  reduce  the  size  of  the  Sun's  image  on  the  Earth,  the  total 
reflecting  area  would  have  to  greatly  increase. 

The  Effect  of  Lower  Orbits 


Although  two-mirror  systems  do  not  seem  advantageous,  the 
size  of  the  Sun's  image  on  the  Earth  can  be  reduced,  using  a single 
reflector,  by  reducing  the  orbital  altitude  of  the  reflector.  This 


f — 

I 

I! 

i I technique  is  advantageous  because  it  would  result  in  an  increase  in 

1 I the  intensity  of  the  image  without  requiring  an  increase  in  the  total 

I reflecting  area.  Table  I lists  the  area  of  the  Sun's  image  as  focused  j I 

by  a single  reflector  for  various  Earth  orbits.  The  orbits  are  speci-  ' 

fied  by  the  length  of  one  period  of  revolution.  | 4 


Table  I 

Sun  Image  Size  for  Several  Earth  Orbits 


Orbital  Period 

Area  of  Image  (lA) 

2 hrs 

192  km^ 

3 hrs 

1,  188  km2 

4 hrs 

2,793  km^ 

6 hrs 

7,  337  km^ 

8 hrs 

13,  190  km^ 

12  hrs 

27,  800  km^ 

24  hrs 

88,  000  km^ 

(From  Ref  13:Fig.l2) 


The  image  areas  listed  in  Table  1 can  be  easily  verified  by  solv- 
ing the  standard  equation  for  the  area  of  a circle 

IA=(ff(7r)  (9) 

where  SI  is  given  by  Eq  (2)  using  Sj^  equal  to  the  orbital  altitude  of  the 
reflector. 
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As  might  be  expected,  lower  orbits  have  their  disadvantages  as 


well.  Probably  the  most  obvious  disadvantage  is  that  non-geosynchro- 
nous  orbits  would  not  permit  the  reflector  to  remain  stationary  over 
one  part  of  the  Earth's  surface.  As  a result,  the  reflector  would  have 
to  constantly  readjust  for  its  changing  position  with  respect  to  a given 
ground  location.  Furthermore,  continuous  illumination  of  a particular 
point  on  Earth  could  require  the  use  of  several  reflectors.  For 
example,  in  a typical  3 hr  orbit,  a given  reflector  would  be  capable  of 
illuminating  a given  point  on  Earth  for  only  about  0.4  hr  per  orbital 
revolution  (Ref  13:Tabie  1).  Thus,  if  all  of  the  reflectors  were  in 
identical  3 hr  orbits,  a total  of  8 properly  spaced  reflectors  would  be 
needed  to  provide  continuous  illumination  of  a given  ground  location. 

Another  disadvantage  of  lower  orbits  would  be  their  orientation 
with  respect  to  the  Earth-Sun  plane.  In  geosynchronous  orbit  it  is 
possible  to  align  the  orbit  such  that  the  reflector  would  not  pass  into 
the  Earth's  shadow.  This  would  be  done  by  aligning  the  orbital  plane 
vertically,  or  near- vertically,  with  respect  to  the  Earth-Sun  line 
(Ref  13:28).  Such  an  orbit  is  known  as  a sun- synchronous  orbit. 

In  some  lower  orbits,  however,  it  is  not  possible  to  prevent  the 
reflector  from  periodically  passing  into  the  Earth's  shadow.  The 
reason  this  is  a disadvantage  is  that  reflectors  which  periodically  pass 
into  the  Earth's  shadow  must  be  capable  of  coping  with  the  stresses 
associated  with  the  effects  of  alternation  between  Sun  exposure  and 
shadow. 
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Fortunately,  this  last  disadvantage  can  be  ignored  for  some  low 
Earth  orbits.  For  example,  as  will  be  pointed  out  in  future  chapters 
of  this  thesis,  it  is  possible  to  place  reflectors  in  sun-synchronous 
3 hr  Earth  orbits. 
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In  1973,  the  Air  Force  Institute  of  Teclinology  (AFIT)  at  Wright- 
Patterson  Air  Force  Base  (WPAFB),  Ohio,  discontinued  its  space 
physics  graduate  program.  One  of  the  last  research  projects  con- 
ducted by  students  in  the  AFIT  space  physics  program  was  a design 
proposal  for  an  orbiting  solar  reflector.  The  expressed  purpose  for 
the  AFIT  orbitmg  solar  reflector  (AOSR)  was  to  "extend  the  operation 
of  the  solar  farm  concept  to  include  nighttime  energy  collection.  " 

The  solar  farm  was  defined  as  an  Earth-based  complex  "which 
collects  energy  from  the  Sun  and  converts  it  to  electrical  energy 
[Ref  22:1].  " 

The  students  inv'olved  in  the  original  study  considered  the  bene- 
fits of  a solar  reflector  and  the  potential  materials  which  could  be 
used  to  construct  the  reflector  system.  However,  because  of  time 
limitations,  they  were  unable  to  complete  a detailed  optical  analysis 
of  the  AOSR. 

Because  the  students  who  worked  on  the  AOSR  concept  were 
members  of  AFIT's  last  space  physics  class,  no  further  work  was 
done  on  the  AOSR  concept.  However,  considering  the  current 
emphasis  being  placed  on  alternative  energy  sources,  it  was  decided 
that  one  of  the  objectives  of  this  thesis  would  be  to  complete  a detailed 
optical  feasibility  study  of  the  AOSR. 
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The  major  emphasis  of  this  chapter  will  be  the  subject  of  orbit- 
ing solar  reflectors,  and  in  particular  the  /.OSR.  Following  a brief 
description  of  the  AOSR,  the  results  of  the  feasibility  study  will  be 
presented  in  detail.  As  a final  portion  of  this  chapter,  the  potential 
usefulness  of  orbiting  solar  reflectors  will  be  discussed. 

The  AOSR 

Figure  4 is  a sketch  of  the  AOSR.  Designed  to  be  launched  in 
one  space  shuttle  mission,  it  would  consist  of  three  mirrors  held  at 
fixed  positions  with  respect  to  each  other.  Incident  sunlight  would 
be  collected  by  a 330  m diameter  concave  mirror  with  a nominal 
reflectivity  of  85%.  This  mirror,  designated  the  primary  mirror, 
would  be  made  of  aluminum  coated  mylar  and  would  reflect  the  sun- 
light to  a secondary  mirror.  The  secondary  mirror,  a 36  m diameter 
convex  mirror,  would  be  positioned  such  that  it  and  the  primary 
mirror  formed  a confocal  optical  system.  With  such  a configuration, 
it  was  expected  that  the  sunlight  reflected  from  the  secondary  mirror 
would  be  collimated.  This  colliinated  light  would  then  be  redirected 
to  the  desired  location  on  Earth  by  a tertiary  mirror  44  m in  diameter. 
Both  the  secondary  and  tertiary  mirrors  would  be  made  of  highly 
polished  Aluminum  honeycomb  coated  with  a 7 naicren  thick  film  of 
Aluminum  Oxide  (Ref  2Z). 
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Fig.  4.  The  AOSR  (based  on  Ref  22:4) 


Feasibility  of  AOSR 

The  initial  AOSR  design  study  was  directed  primarily  at  space 
physics  problems.  Thus,  as  a^first  approximation,  the  Sun  was 
assumed  to  be  a very  distant  source  and  incident  solar  radiation  was 
assumed  collimated.  Figure  5a  shows  how  collimated  light,  incident 
on  an  arbitrary  point  of  the  primary  mirror,  would  be  imaged  by  the 
AOSR. 
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The  current  AOSR  feasibility  study  emphasized  the  optical 
problem.  The  purpose  of  this  recent  study  was  to  determine  the 
impact  on  AOSR  performance  if  the  Sun  was  treated  as  an  object  to 
be  imaged  by  the  AOSR  optical  system  rather  than  as  a collimated 
light  source. 

As  pointed  out  in  Chapter  II,  the  diameter  of  the  Sun's  disk,  as 
seen  from  the  Earth,  is  approximately  0.5  degrees.  Thus,  the  cone 
of  light  from  the  Sun,  incident  on  each  point  of  the  AOSR  primary 
mirror,  would  have  a full  angle  of  about  0.  5 degrees.  Figure  5b 
illustrates  the  way  this  incident  cone  of  sunlight,  incident  on  an  arbi- 
trary point  of  the  primary  mirror,  would  be  imaged  by  the  AOSR. 

It  should  be  noted  in  Fig.  5b  that  the  cone  of  sunlight  leaving  a 
given  point  of  the  tertiary  mirror  would  have  a greater  full  angle 
than  the  incident  cone  of  light  from  the  Sun.  It  should  also  be  noted 
that  the  path  taken  by  the  cone  of  light  in  Fig.  5b  includes  the  path  of 
the  collimated  light  shown  in  Fig.  5a.  The  path  of  the  collimated  ray 
has  been  superimposed  on  Fig.  5b  using  a dashed  line. 

Figures  6a  and  6b  are  included  to  show  the  effect  of  the  AOSR 
system  when  the  entire  system  is  illuminated.  Again,  the  path 

followed  by  the  collimated  light  in  Fig.  6a  is  contained  within  the  cone 

/ 

of  light  of  Fig.  6b,  as  indicated  by  dashed  lines. 

Figure  6b  illustrates  the  approximate  path  which  actual  sunlight 
would  follow  through  the  AOSR  system.  However,  Fig.  6b  is  just  a 
rough  sketch  and  does  not  show  what  happens  to  the  rays  which  miss 
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AOSR  Performance  with  a Single  Ray'  of  Both 
Collimated  and  Uncoilimatcd  Incident  SurJiglit 
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the  tertiary  mirror.  The  marginal  rays,  which  form  the  extreme 
outer  edges  of  the  cone  of  sunlight  in  Fig.  6b  and  actually  miss  the 
tertiary  mirror,  were  traced  more  accurately  through  the  AOSR  by 
using  matrix  techniques.  In  matrix  representation,  a typical  ray 
would  be  written  as  follows: 

[■;] 

where  n is  the  index  of  refraction  of  the  material  through  which  the 
ray  would  travel,  a is  the  small  angle  approximation  for  tan  a where 
tan  a is  the  slope  of  the  ray  as  measured  in  the  direction  of  the  ray's 
travel,  and  y is  the  distance  between  a point  on  the  ray  and  the  opti- 
cal axis  of  the  lens  system  (Ref  24:172).  This  geometry  is  illustrated 
in  Fig.  7.  In  applying  matrix  methods  to  the  AOSR  optical  system,  n 
was  assumed  to  be  1.0  because  the  space  environment  is  essentially 
a hard  vacuum.  Details  of  the  calculation  are  contained  in  Appendix  A. 


The  results  of  the  ray  trace  described  in  Appendix  A are  shown 


in  Fig.  8.  As  shown  in  both  Figs.  6b  and  8,  the  tertiary  mirror, 
while  redirecting  the  sunlight,  would  also  act  as  an  aperture.  Only  a 
portion  of  the  sunlight  reflected  by  the  secondary  mirror  would  be 
reflected  by  the  tertiary  mirror.  The  rest  would  miss  the  tertiary 
mirror  and  be  lost. 

The  light  reflected  to  the  Earth  by  the  AOSR  would  continue  to 
diverge.  The  minimum  diameter  of  the  Sun's  image  on  the  Earth  is 
given  by 

SI  = (dj^XZ  tan  e^j)  (11) 

where  dQ  is  the  distance  of  the  AOSR  from  the  Earth’s  surface 
(approximately  3.59  x 10  m for  geosynchronous  orbit),  0^  is  the  half 
angle  of  the  cone  of  light  leaving  a given  point  of  the  tertiary  mirror, 
and  the  comparatively  small  diameter  of  the  tertiary  mirror  has  been 
neglected.  The  geometry  of  thds  situation  is  shown  in  Fig.  9. 

The  results  of  the  ray  trace  described  in  Appendix  A indicate 

that 
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race  for  the  AOSR 


ni  (13) 

= 1900  miles  ( 14) 

If  all  losses  are  neglected  including  those  from  diffraction, 
atmospheric  scattering,  and  impaired  mirror  reflectivity,  then  it  is 
possible  to  determine  a first  order  approximation  for  the  intensity  of 
the  sunlight  beam  received  on  Earth  from  the  AOSh.  The  incident 
solar  energy  at  one  astronomical  unit  from  the  Sun  (AU)  is  given  by 
the  solar  constant 
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= 1390  W/m^ 


(Ref  42:16-3).  Ignoring  shadowing  effects  from  the  secondary  and 
tertiary  mirrors,  the  total  solar  power  intercepted  by  the  primary 
mirror  would  be 


= (1390  W/m2)(l65  m)^  (tt) 

(16) 

= 1.19x10®  Watts 

(17) 

of  reflected  sunlight.  It  then  follows  that  the  irradiance  of  the 
reflected  sunlight  as  measured  on  the  Earth's  surface  would  be 


_ (1.  19  X 10^  watts) 

(1.  53  X 10^  m)2  (TT) 

- 1.62  X 10"^  watts/m^ 


(18) 


(19) 


where  it  has  been  assumed  that  there  would  be  no  losses  and  that  the 

1.  19  X 10®  watts  of  reflected  sunlight  would  be  equally  distributed 

across  the  sunlight  spot  on  the  Earth.  Although  an  intensity  of  1.62 
-5  7 

X 10  watts/m^  is  weak,  the  actual  sunlight  intensity  would  be  even 
weaker  because  of  losses  which  would  occur.  These  losses,  from  the 
following  causes,  could  exceed  80%: 

1.  Diffraction  losses 

2.  Reflectivity  of  the  primary  mirror  at  85%  (Ref  45) 

3.  Reflectivity  of  the  secondary  and  tertiary  mirrors  at  93% 
(Ref  4:18). 
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4.  Losses  due,  on  the  average,  to  atmospheric  scattering  from 
cloud  surfaces,  clear  atmosphere.  Earth/air  interface,  and 
particles  such  as  dust  and  ice  crystals  suspended  in  the 
atmosphere.  These  losses  could  be  as  large  as  40%  (Ref 
4Z;3-1). 


5.  Losses  as  a result  of  light  missing  the  secondary  mirror 
could  exceed  13%. 

6.  Losses  as  a result  of  light  missing  the  tertiary  mirror 
could  exceed  50%. 

7.  Losses  as  a result  of  shadowing  by  the  secondary  and  terti- 
ary mirrors  could  exceed  1.5%. 

When  this  80%  loss  is  included  as  a factor  in  Eq  (18),  the  calculated  j 

irradiance  on  the  Earth  becomes 

I_  = 3.24  X 10“^  watts/m^  (20) 

/ 

The  same  calculations  as  above  could  be  done  with  illuminance 
as  well  as  with  irradiance.  The  illuminance  of  the  Sun  outside  the 
Earth's  atmosphere  (at  1 AU)  is 

E^  = 1.37x10^  lumens/m^  (21) 

Details  of  the  derivation  of  Eq  (21)  are  contained  in  Appendix  R.  The 
luminous  flux  intercepted  by  the  primary  mirror  would  be 

= (1.37  x 10^  lumens /m^)  ( 165  m)^(Tr)  (22) 

= 1.  17  X 10^®  lumens  (23) 

Based  on  a calculation  similar  to  Eq  (18),  the  illuminance  of  the 
reflected  sunlight  as  measured  on  a clear  night  on  the  Earth's  surface 
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would  be 


I = 3. 98  X 10”^  himens/m^  (24)  , 

t 

In  determining  Eq  (24),  a 75%  loss  was  assumed  rather  than  80%  in 

■ f 

I 

^ order  to  account  for  the  clear  night.  On  a clear  night,  the  atmospheric 

I losses  would  amount  to  roughly  21%  (Ref  13:10).  For  purposes  of  com- 

I parison,  the  illuminance  of  a full  moon  on  a clear  night  on  the  Earth's 

' surface,  is  0.  1076  lumens /m^  (Ref  13:13).  Thus,  the  intensity  on  the 

Earth's  surface  of  the  sunlight  reflected  by  the  AOSR  would  be  roughly 

I ^ 

0.37%  of  the  intensity  of  a full  moon. 

In  summary,  the  feasibility  study  of  the  AOSR  demonstrated  l 

J 

that  because  light  incident  from  the  Sun  is  not  collimated,  the  AOSR  ,1 

concept  is  not  feasible.  Unless  modifications  were  made  in  accord- 

j 

j- 

ance  with  the  discussion  of  Chapter  II  of  this  thesis,  beneficial  sun-  : 

light  intensities  could  not  be  obtained. 

'i 

Applicability  of  Orbiting  Solar  Reflectors  ^ 

The  multiple-mirror  AOSR  was  not  feasible  for  concentration 
of  sunlight  on  the  Earth's  surface  because  of  the  large  Earth  area  i 

illuminated  by  AOSR  reflected  sunlight.  To  determine  if  single -mirror  - 

systems  have  potential  applicability.  Chapter  IV  contrasts  the  use  of  j 

f! 

single-mirror  orbiting  solar  reflectors  with  other  methods  of  using  ? 

I 

solar  energy  to  generate  electricity  for  terrestrial  use  and  this  section  j 

evaluates  the  use  of  reflectors  for  in  space  power  generation. 
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In  the  discussion  in  Chapter  II  on  solar  optics,  it  was  pointed 
out  that  although  two  reflectors  could  be  used  to  reduce  the  size  of  the 
Sun's  image  on  the  Earth's  surface,  this  method  would  require  very 
large  reflectors.  However,  a single  mirror  could  be  used  to  produce 
a small  spot  in  space,  as  long  as  the  image  distance  could  be  kept 
small.  For  example,  the  primary  mirror  proposed  for  the  AOSR 
would  have  an  image  spot  size  of  roughly  3 m.  However,  the  image 
would  be  formed  at  a distance  of  just  over  336  m from  the  primary 
mirror.  Furthermore,  since  im.age  size  is  determined  by  the  equa- 
tion 


M 


I = 


(3) 


it  follows  that  images  formed  even  closer  to  the  primary  mirror  would 
be  even  smaller.  Depending  upon  the  image  size  required,  it  would  be 
possible  to  alter  the  primary  mirror  focal  length  appropriately  to  pro- 
duce that  particular  spot  size.  Unfortunately,  sr  lall  spot  sizes 
also  require  short  focal  lengths  because  when 


2 

f 


J_ 

Si 


(1) 


A short  focal  length  becomes  a problem  because  parabolas  with 
short  focal  lengths  have  smaller  cross  sectional  areas  than  parabolas 
with  long  focal  lengths.  Smaller  cross  sectional  area  means  that  less 
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sunlight  would  be  intercepted  by  the  mirror,  and,  therefore,  less 
sunlight  reflected.  Thus,  it  would  be  necessary  to  v/eigh  the  advan- 
tages of  a small  spot  size  against  the  disadvantages  of  a reduction  in 
the  amount  of  sunlight  reflected. 

One  example  of  the  use  of  an  orbiting  solar  reflector  is  work 
currently  being  done  by  the  Space  Division  of  Rockwell  International 
on  a solar  thermal  concept.  A large  space  reflector  would  be  used 
to  concentrate  sunlight  onto  a heat  absorbing  material.  Under  such 

■ conditions,  heat  would  be  transferred  by  flowing  liquid  heiium/xenon 

or  liquid  sodium/potassium,  and  power  would  be  generated  by  either 
a Brayton  or  a Rankine  generating  system  (Ref  39:10-12).  In  this 
thesis,  this  system  will  be  known  as  a Solar  Thermal  Power  System 
(STPS). 

It  is  conceivable  that  at  some  time  in  the  future,  there  may  be 
a use  for  systems  like  the  STPS.  Today,  most  space  systems  are 
powered  by  banks  of  photovoltaic  (solar)  cells.  How'cver,  photovoltaic 
cells  offer  maximum  theoretical  efficiencies  of  approximately  25%, 

’ while  thermal  power  cycles  can  reach  actual  efficiencies  over  7 5% 

1 

i (Ref  39:10).  Of  course,  these  high  efficiencies  also  require  large  pieces 

of  hardware  and,  therefore,  large  expenditures  of  energy  and  money 
for  orbital  insertion.  Yet,  because  of  their  high  efficiencies,  it  is 
possible  that  they  may  prove  to  be  advantageous  when  large  quantities 
of  power  are  required.  In  particular,  they  may  prove  useful  in  serv- 
ing as  central  power  stations  for  large  orbiting  space  stations.  As  an 
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example,  this  might  be  the  case  if  and  when  large  scale  manufactur- 
ing in  space  becomes  a reality. 

In  a developed  space  industrial  complex,  an  STPS  could  be 
centrally  located  around  several  industrial  and  space  station  com- 
plexes. Large  quantities  of  electricity  could  be  generated  by  the 
STPS  and  either  transmitted  via  conventional  power  lines,  or  via 
microwaves  to  user  complexes  surrounding  it. 

It  is  beyond  the  scope  of  this  thesis  to  consider,  in  detail,  the 
design  characteristics  and  potential  of  an  STPS  as  a reliable  and 
economical  source  of  space  power.  However,  Appendix  C contains 
several  possible  mirror  designs  which  may  be  applicable  to  an  STPS 

should  further  work  be  done  in  this  area. 

I 

j 
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IV.  ^ Resource  Evaluation  of  F our  Solar 
Electric  Generating  Systems 

One  way  of  evaluating  alternate  systems  for  the  production  of 
electricity  from  solar  energy  is  to  consider  the  resources  that  would 
be  required  by  each  system.  This  chapter  of  the  thesis  will  be 
devoted  to  an  outline  of  the  resources  required  by  a terrestrial  solar 
thermal  (TST)  system,  a terrestrial  photovoltaic  (TP)  system,  an 
orbiting  solar  reflector  (OSR)  system,  and  a satellite  solar  power 
(SSP)  system. 

This  chapter  is  organized  as  follows.  Included  first  is  a brief 
discussion  of  the  ground  rules  and  limitations  of  this  analysis.  Then 
the  major  components  of  each  system  are  briefly  described.  Follow- 
ing this  description,  each  of  the  four  competing  systems  is  evaluated 
relative  to  their  ability  to  produce  electricity  and  their  consumption 
of  the  following  resources; 

1.  The  mass  and  type  of  materials  required  for  construction, 
operation,  and  maintenance. 

2.  The  land  area  required  for  both  the  generating  plant  and  the 
transmission  lines  from  the  plant  to  major  user  areas. 

3.  The  volume  of  water  required  during  construction,  opera- 
tion, and  maintenance. 

4.  The  manpower  required  for  construction,  operation,  and 
maintenance. 

5.  The  energy  required  to  mine  and  refine  the  materials  needed 
in  item  one  above. 
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I 6.  The  cost  of  development,  design,  testing,  evaluation,  con- 

j struction,  operation,  and  maintenance. 

! As  a final  part  of  this  chapter.  Table  XIV  is  included  as  a summary 

of  the  results  of  this  analysis. 

Ground  Rules 

Ground  rules  were  established  in  order  to  simplify  the  analysis. 

It  was  assumed  that  each  system  would  be  operational  in  the  yeai- 

I 

I 2000,  and  that  following  construction,  would  operate  for  30  years. 

In  addition,  it  was  assumed  that  no  part  of  a plant  would  be  operational 
while  the  rest  of  the  plant  was  still  being  constructed.  These  assump- 
tions removed  the  possibility  that  some  plant  parts  would  have  to 
survive  for  over  30  years. 

Of  course,  since,  in  reality,  construction  time  would  be  long 
and  partial  plant  operation  would  be  likely,  some  parts  of  the  gen- 
erating system  would  actually  operate  for  more  than  30  years.  How- 

/ 

ever,  the  additional  operational  and  maintenance  expenses  of  opera- 

f 

i tion  for  more  than  30  years  may  be  offset  by  the  revenue  obtained 

' from  partial  operation.  To  determine  this  relationship  precisely  would 

I 

I require  an  analysis  of  detailed  construction  plans  which  are  not  avail- 

able. Therefore,  partial  operation  and  extended  lifetime  were  not 
considered. 

I Limitations 

I The  reason  why  detailed  construction  plans  are  not  available  is 
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that  none  o£  the  systems  evaluated  has  ever  been  constructed.  Of  the 
four  systems  considered,  the  two  terrestrial  proposals  can  most 
nearly  be  termed  "state-of-the-art"  proposals.  In  fact,  a prototype 
solar  thermal  plant  is  currently  under  construction  in  Barstow, 
California  (Ref  25:94).  The  information  presented  in  this  section  of 
the  thesis  should  be  understood  as  a best  estimate  as  of  this  stage  in 
the  development  of  each  system.  As  development  continues,  changes 
are  sure  to  be  made.  For  example,  in  the  aerospace  industry,  a 
system  typically  becomes  more  massive  during  development.  This  is 
termed  weight  growth.  According  to  a Johnson  Space  Center  report. 

For  all  aerospace  vehicles,  the  usual  range  of  weight 
growth  is  between  5 and  50  percent,  represented  by  low- 
risk  design  aircraft  and  complex,  advanced  spacecraft, 
respectively  [Ref  34:IY-A-5- l]. 

The  goal  of  this  analysis  was  to  make  a fair  comparison  betw'een 
the  various  systems.  Ideally,  this  means  that  each  system  should  be 
evaluated  using  identical  parameters.  This  is  especially  true  when 
competing  systems  use  identical  subsystems.  This  was  done  when- 
ever possible.  However,  in  order  to  do  this,  it  was  sometimes  neces- 
sary to  alter  the  design  of  some  of  the  proposed  systems. 

Unfortunately,  alteration  was  not  always  in  the  best  interest  of 
a given  system.  In  those  cases  where  it  was  felt  that  alteration  would 
significantly  affect  the  overall  system's  performance,  no  alteration 
was  made.  To  avoid  confusion  in  this  thesis,  alterations  made  are 
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identified.  In  addition,  in  those  cases  where  alteration  was  not  con- 
sidered in  the  best  interest  of  the  particular  system,  differences 
between  systems  are  identified. 

An  example  v^here  alteration  was  both  possible  and  impossible 
is  the  area  of  solar  cells.  Both  the  TP  and  SSP  systems  use  concen-  ^ 

tration  equipment  while  the  OSR  system,  as  currently  proposed,  does 
not.  In  this  regard,  a recent  study  indicates  that  the  mass  of  silicon 
solar  cells  required  to  produce  a given  amount  of  electricity  decreases 
as  the  concentration  ratio  increases,  up  to  a limiting  concentration  ) 

ratio  of  2.4:1  (Ref  1:35).  This  concentration  ratio  specifies  the  ratio  ^ 

of  the  total  sunlight  eventually  reaching  the  solar  cells  to  the  sunlight 

'/j 

received  directly  by  the  solar  cells,  Although  this  finding  pertained  ) 

to  solar  cells  when  used  in  Earth  orbit,  it  does  point  out  the  benefit  | 

i 

of  concentration.  In  light  of  the  high  cost  of  silicon  solar  cells,  it  (| 

I 

was  decided  to  evaluate  the  OSR  system  under  the  assumption  that  it  I 

had  a concentration  ratio  identical  to  that  of  the  TP  and  SSP  systems. 

On  the  other  hand,  solar  cell  alteration  was  impossible  with 
respect  to  cell  thickness.  As  explained  below,  the  SSP  solar  cell 
thickness  would  be  different  from  the  thickness  of  the  TP  or  OSR 
system  solar  cell  because  of  cost  and  weight. 

There  are  currently  several  approaches  being  investigated  to 
drastically  reduce  the  cost  of  manufacturing  silicon  solar  cells. 

The  current  technique  uses  the  following  five  step  process: 
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1.  Quartzite  pebbles  are  reduced  to  metallurgical  grade 
silicon. 


2.  Metallurgical  grade  silicon  is  refined  to  form  semicon- 
ductor grade  material. 


3.  The  semiconductor  grade  material  is  processed  into  single 
crystal  ingots  from  which  silicon  wafers  are  cut. 

4.  Silicon  wafers  are  processed  into  silicon  cells. 

5.  Silicon  cells  are  interconnected  [Ref  28:7]. 


The  major  disadvantage  of  today's  technique  is  that  it  is  very 
wasteful.  As  much  as  92%  (by  volume)  of  the  silicon  prepared  in  step 
three  for  cutting  will  be  lost  as  a result  of  sawing,  lapping,  polishing, 
dicing,  and  breakage  (Ref  34:IV.  B.  1.  a.  27).  However,  improvements 
are  being  made  and  it  is  conceivable  that  the  1985  Energy  Research 
Development  Administration  (ERDA)  cost  goal,  to  reduce  solar  array 
costs  from  $15,000  to  $500  per  peak  kilowatt^,  will  be  achieved  by 
improving  this  ingot  cutting  technique  (Ref  17:1).  If  this  is  the  case, 
it  is  also  likely  that  the  thinnest  silicon  cell  obtainable  using  cutting 
techniques  will  be  10  mils  (Ref  8:4-36). 

A 10  mil  thick  silicon  cell  is  probaoly  adequate  for  terrestrial 
uses,  especially  if  the  ERDA  goals  are  achieved.  However,  even  a 
10  mil  thickness  would  place  a large  weight  burden  on  the  SSP  system. 
Proponents  of  the  SSP  concept  contend  that  a 4 mil  thickness  w’ould  be 
required  in  order  for  space  operations  to  be  competitive. 


Peak  kilowatt  is  the  maximum  electrical  power  output  of  a 
solar  cell,  measured  at  the  Earth's  surface,  for  normal  solar 
incidence. 
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Ideally,  resource  analyses  would  be  most  straightforward  if  one 
cell  thickness  was  used  in  all  systems.  However  it  was  decided  that  a 


common  ground  could  not  be  achieved.  A 4 mil  cell  might  not  have  the 
strength  to  withstand  the  environmental  hazards  of  earth  such  as  hard 
rains  and  hail.  Additionally,  development  of  4 mil  cells  could  conceiv- 
ably be  very  expensive  since  it  probably  would  require  development  of 
some  form  of  growth  technique  (Ref  8:4-36).  Yet,  10  mil  cells  are  unac- 
ceptable to  the  SSP.  Therefore,  it  was  decided  that  terrestrial  cells 
would  be  10  mils  thick  while  the  SSP  solar  cells  would  be  4 mils  thick. 

Terrestrial  Solar  Thermal  System 

Information  used  in  the  analysis  of  the  TST  system  was 
extracted  primarily  from  a study  by  the  Jet  Propulsion  Laboratory, 
California  Institute  of  Technology  (JPL)  (Ref  8).  The  type  of  TST  gen- 
erating plant  selected  for  this  analysis  was  one  similar  to  a TST  plant 
currently  being  constructed  at  Barstow,  California  (Ref  8:4-10).  As 
designed,  it  would  be  a central  receiver  type  of  plant  with  six  hour 
thermal  storage.  Electricity  produced  from  thermal  storage  v/ould  be 
only  70%  of  rated  capacity  because  of  conversion  and  storage  ineffi- 
ciencies (Ref  8:6-13). 

A central  receiver  plant  uses  Sun-tracking  mirrors  to  concen- 
trate the  Sun's  energy  on  receivers  located  on  top  of  a central  tower. 

The  heat  of  the  sunlight  is  used  to  heat  a liquid  contained  in  the 
receiver.  The  steam  produced  by  this  process  is  then  used  in  a 


41 


conventional  steam  Rankine  generating  plant  (Ref  8:4-22).  Figure  10 
is  a sketch  of  a TST  plant. 


Although  other  solar  thermal  designs  have  been  proposed,  the 
central  receiver  design  was  chosen  as  the  representative  of  solar 
thermal  generating  systems  because  National  Science  Foundation  sup- 
ported studies  have  found  that  the  central  receiver  design  is  20%  to 
50%  cheaper  than  its  nearest  competitor,  the  parabolic  trough  or  dish 
(Ref  8:4-11). 

The  mirrors,  known  as  heliostats,  are  the  major  com.ponents  of 
a solar  thermal  plant.  The  heliostats  considered  in  this  analysis  were 
based  on  an  early  preliminary  design  by  the  Honeywell  Corporation. 
Excluding  concrete  in  the  foundation,  their  mass  would  be  51.  25 
kg/m^.  The  major  components  of  the  heliostats  would  be  glass  and 
metal.  Two  additional  designs  have  been  proposed  but  because  they 
are  considered  more  speculative,  were  not  used  in  the  analysis.  The 
most  speculative  design  would  use  an  aluminized  mylar  reflector  in  a 
clear  tedlar  dome  and  would  have  a mass  of  19.5  kg/m^.  Use  of  this 
design  would  reduce  the  material  resources  required  to  build  the 
central  receiver  plant  by  approximately  60%  (Ref  8:6-15), 

For  this  resource  analysis  it  was  assumed  that  roughly  30%  of 
the  land  required  for  a solar  thermal  plant  would  be  covered  with 
heliostats  and  that  the  average  piaiil  efficiency  would  be  17%  (Ref  8:6- 
13).  Every  five  weeks  the  heliostat  surfaces  would  be  cleaned,  using 
0.75  gal/m^  of  water  per  cleaning  (Ref  8:6-22).  However,  to 
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conserve  on  water,  dry  cooling  towers  would  be  used  (Ref  8:6-13).  In 


! 

I 

dry  cooling  towers,  fan-forced  air  cools  the  liquid  from  the  turbine 

i 

! generators  as  in  an  automobile  radiator.  Although  dry  cooling  towers 

cause  a reduction  in  the  plant  efficiency,  especially  in  hot  weather, 
they  would  probably  be  necessary  because  efficient  solar  thermal 
plants  would  require  large  amounts  of  sunshine  in  arid  climatic  regions 
where  water  is  scarce. 

The  need  for  large  ainounts  of  sunshine  poses  another  problem. 
Ideal  sunlight  conditions  are  typically  found  in  the  southwestern  portion 
of  the  United  States,  while  the  population  is  concentrated  in  the  eastern 
states.  Therefore,  implementaticn  of  the  solar  thermal  system  would 
require  long  transmission  distances. 

Terrestrial  Photovoltaic  System 

The  terrestrial  photovoltaic  system  selected  for  evaluation  in 
this  tliesis  is  a system  using  silicon  solar  cells  supplemented  with  bat- 
tery storage  (Ref  8:6-13).  Primary  source  for  data  relative  to  this 
system  was  a study  by  JPL  (Ref  8).  The  silicon  cells  used  in  the  sys- 
tem selected  for  this  analysis  would  be  10  mils  thick  and  would  have  an 

2 

efficiency  of  13%  at  air  mass  1 and  at  a cell  temperature  of  28  C. 

The  glass  cover  plates  protecting  the  silicon  cells  would  be  3 mils 
thick  (Ref  8:4-36). 

2 

Air  mass  1 is  the  mass  of  air  in  a vertical  path  through  the 
atmosphere,  above  a sea  level  point  on  the  Earth's  surface. 
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The  silicon  cells  would  be  secured  to  tilted  surfaces  which 
would  be  rotated  twice  a year.  Tilted  surfaces  would  be  advantageous 
in  order  to  compensate  for  the  change  in  the  inclination  of  the  Sun 
throughout  the  year.  Since  solar  cell  efficiency  is  greatly  affected  by 
the  angle  of  incidence  of  the  sunlight,  the  net  efficiency  of  a generating 
plant  can  be  enhanced  by  periodically  reorienting  the  solar  cells. 
However,  the  advantages  to  be  gained  by  this  reorientation  would  be 
partially  offset  by  the  cost  of  performing  the  reorientation.  Thus,  for 
this  analysis,  reorientation  twice  a year  was  selected  (Ref  8:1-3). 

The  TP  system  would  use  a concentration  ratio  of  Z:l.  This 
would  be  obtained  by  using  non-tracking  asymmetric  v-trough  concen- 
trators (Ref  8:4-22).  Further  details  of  the  design  used  for  this 
analysis  are  unavailable  because  they  are  contained  in  an  unpublished 
JPL  internal  document.  However,  Fig.  11  contains  a sketch  of  a 
symmetrical  v-trough  concentrator.  Theoretically  when  the  concen- 
tration ratio  is  2:1,  the  area  enclosed  by  points  a,  b,  c,  and  d of 
Fig.  11,  is  twice  the  area  of  the  silicon  solar  cells  (Ref  37:107).  In 
practice,  however,  because  the  mirrors  would  not  be  perfect 
reflectors,  the  geometric  ratio  of  the  area  abed,  to  the  area  of  the 
silicon  cells,  would  have  to  be  greater  than  2:1  in  order  to  achieve  a 
concentration  ratio  of  2:1.  For  example,  if  the  reflectivity  of  the 
mirrors  is  85%,  then  the  geometric  ratio  would  need  to  be  roughly 
2.  15  (Ref  34:IV-B- lb-8).  A mirror  reflectivity  of  85%  was  assumed 
for  this  analysis.  Loss  of  reflectivity  was  assumed  to  be  due  to 
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construction  imperfection  and  the  cumulative  effects  of  dust  accumu- 
lation between  washings.  Figure  12  is  a sketch  of  a TP  plant. 

Orbiting  Solar  Reflector  System 

The  orbiting  solar  reflector  system  selected  for  analysis  is 
the  system  currently  proposed  by  Ehricke.  This  analysis  is  based 
primarily  upon  information  supplied  by  Ehricke  (References  13,  14, 
and  15). 

The  system,  as  proposed,  would  have  both  a ground  and  a space 
component.  The  ground  component  would  be  similar  to  the  TP  system 
with  the  exception  that  it  would  not  have  the  battery  storage  facilities. 
In  place  of  battery  storage,  the  system  would  operate  continuously  by 
supplementing  daytime  sunlight  with  sunlight  reflected  from  orbiting 
reflectors.  Although  it  might  be  necessary  to  use  some  battery  stor- 
age in  order  to  levelize  the  electrical  output  of  the  plant,  this  factor 
has  not  been  considered  in  the  analysis.  A sketch  of  the  OSR  system 
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Fig.  12.  Terrestrial  Photovoltaic  (TP)  System  (Ref  30:Fig.  lb) 


is  contained  in  Fig.  13 


The  system  evaluated,  known  as  Soletta  U,  would  consist  of 

1320  individual  reflectors  placed  in  three-hour  Sun-synchronous 

2 

orbits.  Each  reflector  would  have  an  area  of  8.73  km  , a variable 

I 

j focal  length,  and  a mass  of  50  to  150  tons/km^  (Ref  13:26,40,43). 

! 2 

I For  this  analysis,  a mass  of  100  tons /km  was  used.  When  focused 

I 

on  the  Earth's  surface,  the  image  of  the  Sun  produced  by  each 
reflector  would  have  a diameter  of  38.9  km  (see  Table  I).  The 
orbital  altitude  of  the  reflectors  would  be  4184  km. 

As  currently  proposed,  the  OSR  system  would  have  a rated  gen- 
erating capacity  of  74.2  GWe.  This  projection  is  based  on  the  assump- 
tion that  776.6  km^  of  silicon  solar  cells,  with  a before -concentration 
efficiency  of  13%  and  a concentration  ratio  of  2:1,  would  receive  and 
process  sunlight  at  an  annual  rate  of  5 x 10^  kwhr/km^-year.  Of  this 
incident  energy,  2.  15  x 10^  kwhr /km^-year  would  be  provided  directly 
from  the  S\in  and  2.  85  x 10^  kwhr/km^-year  would  be  provided  by 
sunlight  reflected  from  the  orbiting  reflectors  (Ref  13:51). 

A total  of  five  different  orbits  (Ref  13:43)  would  be  used  in  order 
to  permit  reflectors  to  simultaneously  illuminate  the  terrestrial  solar 
cells.  Because  each  reflector  would  only  be  in  position  to  illuminate 
I the  ground  system  for  approximately  0.4  hours  per  orbital  period 

(Ref  13:23),  shadows  from  a given  reflector  would  move  quickly  across 
the  ground  complex.  Thus,  multiple  orbits  would  be  used  to  provide  a 
more  even  illumination  of  the  ground  facilities.  Multiple  orbits  would 
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also  make  it  possible  to  position  reflectors  such  that  one  third  of  those 
illuminating  the  ground  facility  would  be  ready  to  move  out  of  position, 
one  third  would  be  in  an  ideal  position,  and  one  third  would  be  coming 
into  position  (Ref  13:16-19).  This  would  help  to  insure  a constant 
production  level  of  electricity. 

Each  reflector  would  be  made  of  several  smaller  reflector 
elements.  The  smaller  reflector  elements  would  be  made  of  a sodium- 
coated  kapton  film  supported  by  a truss -like  structure  made  of  alumi- 
num-coated graphite  epoxy.  The  reflective  surface  of  each  element 
would  be  1.  3 X 10”^  mm  thick  (Ref  13:25)  and  cover  an  area  of  0.  2 km^ 
(Ref  13:45).  Sodium  was  selected  because  it  would  be  light,  less  costly, 
and  have  a reflectivity  higher  thzin  aluminum.  However,  this  sodium 
coating  would  liave  to  be  applied  in  space  in  order  to  prevent  the  reflec- 
tivity from  being  destroyed  by  oxidation  (Ref  14:35). 


Satellite  Solar  Power  System 


First  proposed  in  1968  by  Peter  Glaser,  the  SSP  system  would 
also  use  silicon  solar  cells  to  generate  electricity.  Large  blankets  of 
silicon  solar  cells  would  be  placed  in  geosynchronous  orbit.  Sunlight, 
intercepted  by  the  solar  cells,  would  be  converted  into  electricity  and 
then  into  microwave  radiation.  A beam  of  microwaves  would  then  be 
transmitted  to  an  Earth  receiving  station  located  on  low -value  land  or 
offshore.  As  a final  step  in  the  process,  the  microwaves  would  be 
reconverted  to  electricity  for  commercial  distribution  at  the  ground 
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station.  The  ground  station  is  commonly  referred  to  as  the  rectenna. 


Fig.  14  contains  a sketch  of  the  SSP  system. 

Most  of  the  information  relative  to  the  SSP  system  design  v/as 
obtained  from  preliminary  work  done  by  the  NASA,  Johnson  and 
Marshall  Space  Centers.  Data  relative  to  the  ground  portion  of  the 
SSP  was  taken  from  a study  by  JPL, 

There  is  one  significant  difference  between  the  data  from  NASA 
and  that  from  other  sources.  NASA  has  found  that  the  most  efficient 
and  safest  way  to  generate  10  GWe  with  the  SSP  system  would  be  to 
build  two  space  components,  each  capable  of  supplying  enough  power 
to  the  ground  system  to  produce  5 GWe  (Ref  3Z:5-4).  However, 
instead  of  building  two  ground  systems,  the  two  orbiting  systems 
would  direct  their  microwave  beams  at  the  same  ground  system.  This 
NASA  concept  was  adopted  for  this  analysis. 

Glaser  expects  to  use  silicon  solar  cells  with  an  efficiency  of 
18%  (Ref  19:574).  However,  studies  by  JPL,  the  Johnson  Space 
Center,  and  the  Marshall  Space  Center  all  have  used  lower  efficiencies 
in  their  evaluations  of  the  SSP  system  (Ref  34,  32,  8).  In  fact,  even 
though  their  theoretical  efficiency  is  22%  (Ref  1:8),  there  is  some 
question  as  to  whether  18%  efficiency  will  ever  be  obtained  from  sili- 
con solar  cells  on  a mass  production  scale.  Conventional  silicon  solar 
cells  in  production  volumes  currently  have  an  efficiency  between  10% 
and  12%  (Ref  34:IV.  B.  l.a.4,  9). 


\ 
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Orbital  SSP  Component 


Satellite  Solar  Power  (SSP)  System  (Based  on  Ref  8:4-34) 


In  order  to  be  consistent  with  the  other  designs  evaluated,  the 
SSP  solar  cell  efficiency  is  taken  to  be  13%  at  air  mass  zero  and  30°C. 
The  solar  cells  would  be  used  in  conjunction  with  v-trough  type  concen- 
trators at  a concentration  ratio  of  2:1,  would  be  4 mils  thick,  and  have 
a plastic  cover  1 mil  thick  for  radiation  and  micrometeroid  protection. 
The  mirrors  would  be  made  of  0.  25  mil  thick  kapton,  coated  with 
aluminum,  0.  1 mil  thick.  Since  the  mirrors  would  have  a reflectivity 
of  approximately  85%,  the  geometric  ratio  would  be  roughly  2.  15:1.  It 
is  anticipated  that  the  operating  temperature  of  the  silicon  solar  cells 
would  be  100°C.  Since  a silicon  cell  of  16%  efficiency  at  30®C  would 
have  an  efficiency  of  10.  3%  at  100°C  (Ref  34:IV.  B.  lb.  6,  7,  8),  it  was 
determined  by  analogy,  that  a 13%  efficient  solar  cell  at  30°C  would 
have  an  efficiency  of  8.  37%  at  100°C.  Assuming  that  8.  37%  is  the 
operating  efficiency  of  the  silicon  solar  cells  that  would  be  used  in  the 
SSP  system,  the  over-all  system  efficiency  would  be  4.8%  (Ref  34;IV. 

A.  1.  1).  However,  this  low  efficiency  would  be  offset  by  the  fact  that 
the  amount  of  solar  energy  available  in  synchronous  orbit  is  6 times 
greater  than  that  available  at  the  best  location  on  Earth  and  approxi- 
mately 15  times  greater  when  compared  to  a United  States  location 
with  average  weather  conditions  (Ref  32:1-2). 

Resource  Evaluation  Introduction 

The  remainder  of  this  chapter  will  be  devoted  to  an  evaluation  of 
each  of  the  four  competing  systems  relative  to  their  ability  to  produce 
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electricity  and  their  consumption  of  the  resources  listed  at  the  begin- 
ning of  this  chapter.  Each  system  will  be  assumed  operational  in  the 
year  2000.  The  OSR  system  evaluation  is  based  on  a rated  capacity  of 
74.2  GWe  which  represents  the  smallest  scale  on  which  it  could  be 
built.  The  three  other  systems  would  have  rated  capacities  of  10  GWe, 
although  the  terrestrial  systems  could  be  built  on  still  smaller  scales. 

Most  of  the  information  presented  in  tables  in  this  chapter  is, 
for  ease  of  comparison,  given  per  megawatt  of  electrical  generating 
capacity.  The  results  of  the  resource  analysis  are  summarized  in 
Table  XIV.  In  addition.  Table  XIV  includes  the  results  of  a similar 
resource  analysis  completed  by  JPL  for  a gasified  coal  generating 
plant  (Ref  8:6-12).  These  results  were  included  for  purposes  of  com- 
parison because  such  a plant  is  likely  to  be  the  conventional  plant  of 
the  year  2000. 

Material  Requirements 

The  first  step  in  determining  the  total  required  materials  was 
to  determine  the  major  components  of  each  system.  These  com- 
ponents, many  of  which  are  discussed  briefly  in  the  previous  portion 
of  this  chapter,  are  listed  in  Table  II. 

Using  Table  II  as  an  outline,  it  was  possible  to  assemble  a list 
of  specific  materials  required  by  each  system.  Table  III  is  a summary 
of  the  material  requirements  for  a TST  generating  system.  Data  for 


1 


4 


I 


54 


Table  U 

System  Components 


System 

1 

Components 

TST 

Heliostats  (mirrors) 

Central  receiver  tower 

Energy  conversion  system 

TP 

Photovoltaic  collection  system  (includes  2:1 
concentration) 

OSR 

Photovoltaic  collection  system  (includes  2:1 
concentration) 

Orbiting  solar  reflectors  and  associated  propulsion 
system 

Space  transportation  system 

Space  construction  and  maintenance  facilities 

SSP 

1 

Rectenna 

Photovoltaic  collection  and  associated  propulsion 
system  (includes  2:1  concentration) 

Microwave  power  transmission  system 

Space  transportation  system 

Space  construction  and  maintenance  facilities 
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Table  UI 

Terrestrial  Solar  Thermal  System 
Material  Requirement 


Material 

Mass  Required 
(Metric  Ton/MWe) 

Steel 

827 1 

Concrete 

3666^ 

Silver 

0.  006^ 

Glass 

133^ 

Aluminum 

45.  5^ 

Rock^ 

1495^ 

2 

Heat  Transfer  Oil 

202I 

Coal^ 

21,0053 

^Ref  8:6-14  plus  30%  for  maintenance. 

^Material  required  for  the  six  hour  storage  at  70%  rated  power 
using  caloria  rock. 

^Coal  required  to  provide  20%  backup  power  supply  using  a 
gasified  coal  generating  system  (Ref  8:6-12). 

this  table  was  obtained  from  a resource  evaluation  conducted  by  JPL 
to  which  30%  was  added  to  cover  maintenance  requirements.  Unfortu- 
nately, it  was  impossible  to  verify  these  figures  because  details  as  to 
how  they  were  calculated  are  contained  in  an  unpublished  JPL  internal 
document  which  was  unavailable. 

Table  IV  is  a summary  of  the  material  requirements  for  a TP 
generating  system.  Again,  it  was  impossible  to  verify  these  figures 
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Table  IV 

Terrestrial  Photovoltaic  System 
Material  Requirement 


Material^ 


Concrete 

Silicon 

Glass 

Aluminum- 

Coal^ 


Mass  Required 
(Metric  Ton/MWe) 


52.4^ 


18.7 


30.4^ 


673.^ 

21,005.“^ 


^Material  required  for  battery  storage  not  included. 

^Ref  8:6-14  as  adjusted.  See  explanation  of  this  table  in  text. 

JPL  suggests  that  steel  could  be  substituted  for  some  of  Alumi 
bum  in  order  to  reduce  energy  of  production  (Ref  8:6-14).  Also,  steelj 
(would  reduce  demand  for  Aluminum. 

^Coal  required  to  provide  20%  backup  powt-  supply  using  gasi- 
Ified  coal  generating  systems  (Ref  8:6-12). 


because  they  were  based  on  calculations  contained  in  the  unpublished 
JPL  document  described  above.  However,  the  following  changes  were 
made  to  the  JPL  results.  According  to  JPL  estimates,  the  land  area 

required  for  a TP  plant  rated  at  1 MWe  and  operating  for  30  years 
2 

is  112,500  m (Ref  8:6-12).  Using  the  JPL  assumption  of  a TP 
plant  operating  with  a concentration  ratio  of  2:1  (Ref  8:1-3),  and  a geo- 
metric ratio  of  2.  15:1,  the  maximum  area  covered  by  solar  cells  is 


Assuming  the  solar  cells  are  10  iiuls  thick,  then  the  total  mass  of  sili- 
con required  is  30,967  kg/hiWe,  based  on  a silicon  density  of  2.33 
g/cm^  (Ref  28:10).  However,  30,967  kg/MWe  is  less  than  half  of  the 
amount  which  J PL  calculated  (Ref  8:6-12). 

Since  details  of  the  JPL  calculations  are  not  available,  a deci- 
sion was  made  to  recalculate  the  TP  system  material  requirements 
based  on  available  information.  Ehricke's  work  indicates  that  the 

3 

annual  solar  insolation  level  for  a horizontal  surface  in  southern 


Arizona  (32°  North  latitude,  115°  West  longitude  (Ref  13:Fig.25))  is 
2.15  X 10^  kwhr /km^-year  (Ref  13:51).  This  agrees  with  information 
published  by  the  Smithsonian  Institute  for  a latitude  of  30°  and  an 
atmospheric  transmission  coefficient  of  just  vinder  0.  8 (Ref  29:422).  It 
was  then  possible  to  determine  the  area  of  silicon  solar  cells  required, 
assuming  the  rated  generating  capacity  is  to  be  1 MWe  = 1 x 10^  J/sec 
and  the  solar  cell  efficiency  is  to  be  8.  37%,  The  following  calculation 
was  performed 


(3.  1536  X 10^  sec/year)(  10^  J/sec)(  lO^m^/km^) 

(2.  15  X 109  kwhr/km^-year)(3.  6 X 10^  J/kwhr)(0.  0837)(2) 


= 24,  339m2 


where  the  conversion  factor  of  1 kwhr  = 3.6  x 10^  J was  used  (Ref  43: 
F-167).  It  should  be  noted  that  the  solar  cell  efficiency  used  in  the 


Solar  insolation  is  the  rate  at  which  direct  solar  radiation  is 
received  on  a unit  horizontal  surface. 
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calculation  was  8.37%  because  this  would  be  the  efficiency  of  the  sili- 
con solar  cells  used  in  a system  having  a concentration  ratio  of  2:1. 
Also,  a 2 appears  in  the  denominator  of  Eq  (26)  because  only  50%  of 
the  incident  radiation  would  be  received  directly  by  the  solar  cells. 

The  rest  would  be  reflected  onto  the  solar  cells  by  the  mirrors. 

The  mass  of  silicon  required  to  produce  24,  339  of  10  mil 
thick  solar  cells  would  be  14,405  kg.  Since  the  geometric  ratio  would 
be  2.  15:1,  the  total  land  required  for  the  solar  cell  array  would 
be 

(24,  339  m^)(2.  15)  = 52,  330  m2  (27) 

Assuming  that  battery  storage  does  not  require  additional  land,  allow- 
ing 1/12  of  the  land  for  miscellaneous  buildings  as  shown  in  Fig.  12, 
and  allowing  15%  for  space  between  collectors  to  assist  in  maintenance, 
64,540  m^  represents  a reasonable  value  for  land  usage. 

For  the  TP  resource  analysis,  the  following  assumptions  were 

made: 

1.  The  total  land  required  for  a TP  plant  would  be  64,  540 
m^/MWe. 

2.  The  mass  of  silicon  required  would  be  14,405  kg/MWe  plus 
an  additional  30%  for  maintenance  replacement. 

3.  The  mass  of  non-silicon  materials  required  would  be  more 
a function  of  land  area  covered  by  the  generating  plant  than 
a function  of  silicon  mass. 

With  the  above  assumptions,  it  was  possible  to  construct  the 
material  summary  found  in  Table  IV.  Non- silicon  material 
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requirements  were  obtained  by  multiplying  the  figures  provided  by 
JPL  by  0.  574  in  accordance  with  assumption  three  above.  This  frac- 
tion was  obtained  by  calculating  the  ratio  of  the  land  area  calculated 
above  to  the  land  area  specified  by  JPL: 


64, 540 
112, 500 


0.574 


(28) 


To  the  material  requirements  obtained  using  the  factor  0,574,  30% 
was  added  to  cover  30  year  maintenance  requirements. 

Table  V contains  a summary  of  the  material  requirements  of  the 
OSR  system.  Ehricke's  design  calls  for  a 1,000  km^  area  of  solar 
cells  without  concentration  (Ref  13:51).  However,  in  order  to  be  con- 
sistent with  the  TP  and  SSP  systems,  this  design  characteristic  was 
changed.  A ground  system  was  substituted  which  would  produce,  with 
concentration,  the  same  amount  of  electricity  as  a 1,000  km^  area  of 
solar  cells  without  concentration.  A solar  cell  efficiency  of  8.  37% 
for  a concentration  ratio  of  2:1  was  used  in  the  following  equation 

(.  13)(1,000  km^)  = (2)  (q)  (0.0837)  (29) 


where  q is  the  area  of  solar  cells  required.  As  in  the  TP  system,  a 
factor  of  2 appears  in  Eq  (29)  because  only  half  of  the  light  used  by  the 
silicon  cells  would  actually  be  intercepted  directly  by  the  cells.  By 
solving  Eq  (29)  for  q,  it  was  determined  that  a solar  cell  area  of 
776.6  km^  would  duplicate  Ehricke's  proposed  ground  system  if  a 
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Table  V (continued) 


Material 

Mass  Required 
(Metric  Ton/MWe) 

Coal"^ 

21,005. 

^Based  on  data  from  Ref  8:6-14  as  modified  in  producing  Table 
Includes  30%  for  maintenance  replacement. 

2 

Some  replacement  of  Aluminum  with  steel  may  be  possible.as 
is  noted  in  Table  IV. 

Based  on  calculations  as  explained  in  Appendix  D.  Does  not 
linclude  material  for  periodic  maintenance  and  refurbishment  of 
'transportation  system. 

^A  nickel  alloy. 

^Partially  based  on  Ref  33:V-14. 


®Ref  32:9-23. 

^Coal  required  to  provide  20%  backup  power  supply  using  gasi- 
Ified  coal  generating  system. 


concentration  ratio  of  2:1  was  used.  Since  the  geometric  ratio  would 
be  2.  15:1,  the  total  area  covered  by  the  ground  portion  of  the  OSR 
system  would  be: 

(776.6  km2)(2.  15)  = 1670  km^  (30) 

It  should  be  noted  that  1670  km^  is  a larger  area  than  the  spot 
size  produced  by  the  sun's  image,  as  focused  by  the  OSR  system 
reflectors  from  a three-hour  orbit.  Thus,  introducing  a concentration 
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system  would  affect  the  OSR  system  in  two  ways.  First  of  all,  it 


would  expose  some  of  the  ground  system's  solar  cells  to  greater  sun 


light  intensities  than  they  would  have  without  concentration.  Secondly 


a portion  of  the  ground  system's  solar  cells  would  not  be  illuminated 


at  night.  On  the  other  hand,  a 1,000  km^  system  would  not  capture  all 


of  the  sunlight  reflected  by  the  orbiting  reflectors.  Thus,  since  these 


factors  will,  to  a certain  extent,  offset  each  other,  it  was  assumed 


that  the  electricity  generated  by  the  concentration  system  would  be 


identical  to  that  generated  by  the  ground  system  proposed  by  Ehricke 


The  OSR  ground  system  would  be  essentially  a TP  generating 


plant.  Material  requirements  for  this  ground  system  were  deter 


mined  by  extrapolating  from  material  requirements  for  a TP  system 


as  listed  in  Table  IV 


TP  system  was  multiplied  by  31,  913  because  1670  km^  is  31,  913 


times  larger  than  52,330  m' 


concentrators  in  the  TP  system.  The  exact  values  list -id  in  Table  V 


were  then  obtained  by  dividing  by  74,  200,  the  rated  electrical  capacity 


of  the  system  in  megawatts  of  electrical  generating  capacity.  As  with 


the  TP  system,  a 30%  replacement  contingency  was  included  in  the 


figure  for  the  ground  system  materials 


The  material  required  for  the  construction  of  the  orbiting 


reflectors  was  determined  to  be  1.  0454  x 10^  kg.  T his  was  calcu 


lated  by  multiplying  the  projected  mass  of  the  reflectors,  100  tons/ 


by  the  anticipated  number  and  size  of  the  reflectors,  1320 
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reflectors  at  8.73  km  each.  A portion  of  this  mass  would  be  made 
up  of  sodium-coated  kapton.  It  is  estimated  that  the  kapton  would  be 
1.3  X 10'  mm  thick.  Based  on  this  thickness,  and  a kapton  density 

of  1.42  gm/cm^  at  25°C,  (Ref  12:Table  1),  1320  reflectors,  at  8.73 

2 8 J 

km  each,  would  require  2.  13  x 10  kg  of  kapton.  The  remainder  of  < 

Q 

the  reflector  mass,  8.  32  x 10  kg,  would  be  made  of  several 
materials  which  have  not  yet  been  identified.  Therefore,  this  8.  32  x 
10®  kg  of  material  is  listed  in  Table  V as  "to  be  determined"  (TBD). 

The  material  required  for  operation  and  maintenance  of  the  orbiting 
portion  of  the  OSR  system  is  estimated  at  30%  of  the  initial  reflector 
mass  (Ref  14:55).  To  account  for  this  material  requirement,  the 
material  requirements  in  Table  V for  the  orbital  portion  of  the  OSR 
system  were  increased  by  30%. 

The  final  material  component  of  the  OSR  system  is  the  space 
transportation  system.  This  includes  personnel  provisions  and  space 
facilities.  Details  of  the  calculations  associated  with  this  component 
are  very  complex  and  are  included  in  Appendix  D. 

Table  VI  contains  a summary  of  the  material  requirements  of 
the  SSP  system.  Data  for  the  ground  system  was  taken  from  JPL  data. 

The  data  from  JPL  was  divided  by  two  to  conform  to  the  NASA  con- 
clusion that  two  5 GWe  space  components  would  irradiate  one  ground 
station.  The  JPL  study  assumed  that  only  one  5 GWe  space  component 
would  be  used. 
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Table  VI 

Satellite  Solar  Power  System 
Material  Requirement 


I 


I 

i 

1 


Material 


Mass  Required 
(Metric  Tons/MWe) 


Concrete 

Aluminum 

2 

Ground  System 
Space  System 
Space  Transport  System 
Insulation 
Copper 
Space  System 
Space  Transport  System 
Steel 

Ground  System 
Space  System 
Space  Transport  System 
Inconel^ 

Electronics 
Space  System 
Space  Transport  System 
Water 

Liquid  Oxygen 
Liquid  Hydrogen 


226. 2^ 

87.9^ 

3 

4.  33 
0.  26^ 
0.  003“^ 

0.612^ 

0.017^ 


3.09^ 
0. 128^ 
0.  006'* 
0.  096^* 


0.  095 

0.  001 

13.  8^ 
4 


975. 


143. 


3 

4 
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Table  VI  (continued) 


Material 

Mass  Required 
(Metric  Tons/MWe) 

Argon 

Space  System 

0. 250^ 

Space  Transport 

7.  52“^ 

Silver 

0.0001^ 

Platinum 

0. 0003^ 

Samarium  Cobalt 

0. 053^ 

Graphite 

0. 216^ 

Rare  Material 

0.008^ 

Silicon 

2.  55^ 

Silicon  Cover  Plate  (Plastic) 

0.60^'^ 

Silicon  Adhesive 

0.  675^ 

Gold  Kovar 

0.737^ 

Black  Paint 

0. 737^ 

Mylar 

0.959^ 

Tungsten 

0.009^ 

Molybdenum 

0.009^ 

Ceramics 

0. 0002^ 

Stainless  Steel 

0.0001^ 

TBD 

Ground  System 

2.96  ^ 

System 

0.008^ 
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Table  VI  (continued) 


Data  relative  to  the  materials  required  to  construct  the  space 
portion  of  the  SSP  system  and  the  associated  space  equipment  and  pro- 
visions were  obtained  from  a preliminary,  but  very  detailed  analysis 
done  by  the  Johnson  Space  Center.  As  with  the  OSR  system.  Appendix 
D contains  details  relative  to  the  material  requirements  for  the  space 
facilities  and  space  transportation  system.  Also,  as  with  the  other 
systems,  material  requirements  listed  in  Table  VI,  except  for  those 
for  the  space  transportation  vehicles,  include  30%  for  maintenance. 

As  a final  portion  of  this  section  on  material  requirements,  the 
following  is  a list  of  items  which  would  be  required  for  the  successful 
operation  of  one  or  more  of  the  systems  evaluated  but  which  were  not 
included  in  Tables  III  through  VI, 

1.  The  materials  used  in  the  equipment  and  buildings  needed 
to  mine,  refine,  fabricate,  and  transport  (on  the  Earth's 
surface)  system  components. 

2.  The  materials  used  in  the  Earth-based  portion  of  the  space 
transportation  system. 

3.  The  naaterials  used  in  the  electrical  distribution  system. 

4.  The  materials  used  by  all  levels  of  plant  management,  both 
private  and  public. 

The  main  reason  'vhy  the  above  items  were  not  included,  was 
that  information  relative  to  the  materials  required  for  these  items 
was  not  available.  Of  all  of  the  four  items  listed  above,  the  most 
significant  ones  are  the  second  and  third.  The  second  item  was 
included  in  determining  the  energy  requirements  of  each  system,  as 
will  be  explained  later  in  this  chapter.  The  third  item,  although 
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significant  in  terms  of  mass  required,  does  not  appear  to  be  a signifi- 
cant discriminator  between  systems.  JPL,  in  their  analysis,  found 
that  although  the  SSP  system  could  have  shorter  transmission  dis- 
tances, this  factor  did  not  result  in  a significant  cost  savings  to  the 
system.  In  fact,  JPL  found  that  the  transmission  system  would  add 
about  20%  to  the  cost  of  electricity,  regardless  of  the  generating 
system  (Ref  8:1-4). 

Although  JPL  did  not  evaluate  an  OSR  generating  system  there 
is  a good  possibility  that  it,  too,  will  have  transmission  costs  in  the 
20%  rauige.  In  their  analysis,  JPL  found  that  transmission  costs  are 
primarily  influenced  by  two  factors.  These  are  the  cost  of  the  trans- 
mission equipment,  and  the  electricity  bus-bar  cost  (Ref  8:5-1).  Of 
these  two  costs,  the  transxrussion  equipment  cost  of  the  OSR  system 
should  be  identical  to  that  of  the  TP  system.  However,  the  electricity 
bus -bar  cost  is  tied  to  transmission  efficiency  which  tends  to  offset 
the  higher  transmission  equipment  costs.  Whether  the  larger  OSR 
system  could  operate  at  higher  transmission  efficiencies  than  the 
96.5%  transmission  efficiency  of  a 2000  mile  (Ref  8:5-3)  TP  trans- 
mission system,  has  yet  to  be  established. 

Land  Requirements 

Electrical  generating  plants  essentially  require  land  for  three 
purposes:  plant  sites,  transmission  equipment,  and  material  supply. 
In  this  case,  material  supply  refers  to  the  land  from  which  the  raw 
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materials  used  in  construction,  operation,  and  maintenance  of  a power 

[ 

plant  are  mined,  refined,  and  fabricated.  Material  supply  would  also 
include  the  land  required  for  the  Earth-based  portion  of  the  space 
transportation  system.  Finally,  material  supply  refers  to  the  land 
from  which  the  fuel  source  for  the  power  plant  is  derived.  However, 
in  the  case  of  a solar  plant,  there  would  be  no  land  requirement  for 
i fuel  supply  because  the  sun  is  the  fuel  source. 

The  analysis  performed  in  conjunction  with  this  thesis  did  not 
I consider  the  land  requirement  associated  with  material  supply.  This 

is  a very  complex  area  which  would  require  a major  investigation  of 
its  own  and  was  therefore  beyond  the  scope  of  this  investigation. 

A listing  of  the  land  required  for  plant  sites  and  transmission 
equipment  for  each  of  the  four  systems  evaluated  can  be  found  in 
Table  Vn.  In  particular,  the  land  requirements  for  the  TST  and  SSP 
systems  were  taken  directly  from  data  supplied  by  JPL.  The  only 
; change  made  was  that  the  SSP  land  requirement  was  adjusted  in  accord- 

i 

' ance  with  the  NASA  plan  to  use  two  space  components  but  only  one 

ground  component.  The  land  requirement  for  the  SSP  plant  site 
includes  the  land  area  which  would  have  to  be  fenced  off,  as  a safety 
zone,  to  protect  the  public  from  the  hazards  of  microwave  exposure. 

In  this  study,  the  dimensions  of  the  safety  zone  were  based  on  the 
Eastern  European  microwave  radiation  standard  of  0.01  mW/cm^  for 
continuous  exposure.  However,  JPL  pointed  out  that  "at  this  power 
density  (0.01  mW/cm  ),  side  lobe  overlap  of  rectennas  in  the  same 
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Table  Vn 

Land  Requirements 


Land  Use 

TST 

(m^/MWe) 

TP 

(m^/MWe) 

OSR 

(m2/MWe) 

SSP 

(m^/MWe) 

Generating 

Plant 

58,500^ 

64, 540 

27,758 

98,  250^'^ 

Transmission 

System 

49, 500^ 

49, 500^ 

6,671 

9,750^ 

Total^ 

108,000 

114,040 

34,429 

108,000 

^Ref  8:6-12. 

2 

Ref  8:6-13  corrected  for  assumption  of  one  ground  facility 
per  10  GWe. 

^Ref  8:6-12,6-13,  assuming  an  average  transmission  distance 
of  1650  miles. 

4 

Ref  8:6-12,6-13,  assuming  ctn  average  transmission  distance 
of  650  miles. 

^Does  not  include  land  used  for  the  ground  portion  of  the  space 
transportation  system  nor  the  land  needed  to  mine,  refine,  and  fab- 
ricate materials  used  to  construct  and  maintain  the  systems. 


region  may  lead  to  substantial  increases  in  land  area  requirements" 
above  the  98,250  m^/MWe  figure  used  in  this  study  (Ref  8:6-18,  19). 
For  purposes  of  comparison,  the  current  United  States  microwave 
exposure  standard  for  man  is  10  mW/cm^  (Ref  32;8-9),  which  is 
considerably  less  conservative  than  the  Eastern  European  standard. 
However,  the  more  conservative  Eastern  European  standard  was  used 


in  this  resource  analysis  because,  as  was  admitted  in  a recent 
Marshall  Space  Center  study,  the  "microwave  exposure  standards  are 
somewhat  loose  in  the  United  States  [Ref  32:8-9],  " 

The  method  used  to  determine  the  land  requirement  for  the  TP 
and  OSR  generating  plants  was  explained  in  conjunction  with  the 
material  requirement  section  and  will  not  be  repeated  here.  Since 
these  systems  intercept  sunlight  rather  than  microwave  radiation,  no 
safety  zones  would  be  required.  However,  it  should  be  noted  that,  as 
in  the  TP  system,  1/12  of  the  solar  cell  and  concentrator  area  was 
added  to  the  land  requirement  for  buildings  and  15%  was  added  for 
maintenance. 

The  Isuid  requirements  associated  with  electrical  transmission 
equipment  were  taken  from  JPL's  figures  for  average  transmission 
distances  of  650  miles  for  the  SSP  system  and  1650  miles  for  the  TST, 
TP,  and  OSR  systems  (Ref  8:6-13).  The  SSP  system  would  have  a 
shorter  transmission  network  because  sunlight  is  affected  by  weather 
conditions  much  more  than  microwave  radiation.  Therefore,  it  would 
conceivably  be  possible  to  place  SSP  systems  closer  to  the  consumer 
(Ref  8:5-5). 

Water  Reg uirement 

In  a conventional  electrical  generating  plant,  large  quantities  of 
water  are  used  to  cool  the  generating  system.  However,  as  mentioned 
earlier,  the  location  of  the  TST  system  in  the  arid  portions  of  the 


United  States  requires  the  use  of  some  form  of  dry  cooling  technique. 

The  other  three  systems  do  not  have  conventional  steam  generators 
and,  therefore,  do  not  require  extensive  cooling  facilities.  The  solar 
cells  and  rectenna  would  rely  on  passive  cooling  techniques,  as  would 
the  orbital  portions  of  the  OSR  and  SSP  systems. 

The  water  requirements  of  each  system  are  listed  in  Table  VIII. 

In  general,  there  would  be  two  major  requirements  for  water.  The 
first  would  be  water  used  to  clean  the  energy  collectors.  The  TST 
system  is  most  sensitive  to  dust  and  dirt  collection  and  therefore 
would  require  the  most  frequent  cleaning.  A cleaning  rate  of  once 
every  five  weeks  has  been  projected  for  the  TST  system.  The  OSR 
and  TP  systems  also  require  clean  surfaces  for  optimum  efficiency 
and  would  therefore  be  cleaned  every  10  weeks  (Ref  8:6-13).  Water 
would  be  used  in  cleaning  the  TST,  TP  and  OSR  systems  at  the  rate  of 
0.75  gal/m^  per  cleaning  (Ref  8:6-22).  Although  it  is  possible  that 
the  ground  portion  of  the  SSP  system  would  need  some  form  of  water 
cleaining,  the  exact  amount  of  water  has  not  been  estimated. 

The  second  major  requirement  for  water  would  be  as  it  is  used 
in  the  space  transportation  system.  Information  relative  to  this  use 
of  water  can  be  found  in  Appendix  D. 

There  is  one  other  area  in  which  water  would  be  required.  Water 
is  used  to  mine,  refine,  and  fabricate  the  materials  which  would  be 
used  in  building  and  maintaining  the  various  systems.  However,  this 
water  requirement  was  not  included  in  the  resource  study. 
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the  total  system  cost. 

Another,  more  accurate  method  of  determining  required  man-  | 

I 

power  would  be  to  add  together  the  manpower  requirements  for  each 
portion  of  a given  system.  However,  this  would  require  a detailed 
analysis  of  each  system.  Since  such  an  analysis  was  beyond  the  scope 
of  this  current  research  effort,  a decision  was  made  to  adopt  data 
from  a JPL  study. 

In  the  JPL  study,  manpower  requirements  for  material  acquisi- 
tion, construction,  operation,  and  maintenance  of  a TP,  a TST,  and  a ^ 

SSP  system  were  determined.  The  exact  details  of  the  calculations 
are  not  available.  However,  it  is  known  that  the  maintenance  man- 
power estimates  are,  in  part,  based  on  a mirror  cleaning  rate  of  156 
m^/manhour  (Ref  8:6-23). 

Table  DC  contains  a list  of  the  meuipower  requirements  of  each 
system.  The  space /ground  division  of  the  SSP  manpower  require- 
ments was  accomplished  by  splitting  the  JPL  manpower  requirements 
in  proportion  to  the  ratio  of  the  cost  of  one  half  of  the  space  systems, 
including  the  space  transportation  system, to  the  cost  of  the  ground 
systems  (6.389:1),  Once  split,  the  ground  manpower  figures  were 
divided  by  two  to  account  for  the  reduced  ground  system  size  in  the 
NASA  plan. 

The  OSR  manpower  requirements  were  obtained  by  extrapolating 
from  data  for  the  other  systems.  Manpower  requirements  for  the 
ground  system  were  extrapolated  from  the  TP  data  in  accordance  with 
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Table  IX 

Manpower  Requirements 


Requirement 

TST 

(man-years  / 
MWe) 

TP 

(man-years/ 

MWe) 

OSR 

(man-years  / 
MWe) 

SSP 

(man-years/ 

MWe) 

Construction: 

Ground^ 

28.5^ 

12.  l2 

5.  20 

6.  78^ 

Spac  e'^ 

- 

- 

95.  52 

69.872 

Operations  & 
Maintenance: 

Ground 

28.  5^ 

28.52 

12.  26 

0.0l2 

Space 

- 

- 

0.  20 

0. 142 

Total 

57.0 

40.6^ 

113. 18^ 

76.80 

^Based  on  2000  manhours /man-year. 

^Ref  8:6-12. 

3 

Ref  8;6-12  but  division  is  based  on  ratio  of  costs. 


4 

Based  on  2480  manhours /man-year. 

^Does  not  include  manpower  for  ground  system  material 
acquisition. 


the  ratio  of  the  OSR  plant  land  requirement  to  the  TP  plant  land 
requirement,  as  given  in  Table  VII  (0.43:1).  Here  land  was  used  for 
comparison  because  the  TP  and  OSR  ground  systems  would  be  very 
similar. 


I 

i 
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Similarly,  the  mzinpower  requirements  for  the  space  portion  of 


T 

the  OSR  system  were  determined  by  extrapolation  from  SSP  data.  In  ^ | 

this  case,  the  extrapolation  was  based  on  the  ratio  of  the  cost  of  the  j 

space  portion  of  the  OSR  and  SSP  systems  (1.37  :1).  Here  cost  was  ! 

I 

used  for  comparison  because  although  the  OSR  and  SSP  systems  are 
not  very  similar,  it  was  assumed  that  cost  is  closely  tied  to  manpower 
requirements. 

It  should  be  noted  that  the  JPL  data  was  given  in  units  of  man- 
hours. In  converting  it  to  man-years  as  expressed  in  Table  DC,  it  ^ 

was  assumed  that  an  average  worker,  on  the  space  system,  would 
work  eight  hours /day  for  310  days /year.  For  workers  on  the  ground 
system,  the  figure  used  was  eight  hours /day  for  250  days /year  (Ref 
30:Table  5). 

Energy  Requirement 

In  the  past,  apparently  very  little  emphasis  has  been  placed  on 
evaluating  a system  on  the  basis  of  the  energy  consumed  by  its  construc- 
tion. However,  when  dealing  with  an  energy  producing  system,  it  is 
essential  to  ensure  that  it  will  produce  more  energy,  in  the  long  run, 
thkn  will  be  consumed  in  its  construction,  operation,  and  maintenance. 

To  determine  if  the  four  systems  considered  in  this  resource  analysis 
would  indeed  be  energy  producers,  this  energy  analysis  was  under- 

i 

taken.  j 
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I 

In  1975,  Battelle  Columbus  Laboratories  completed  an  evalu-  J 

1 

ation  of  the  energy  required  to  mine  and  refine  some  of  the  materials  j 

most  frequently  used  by  United  States  industries.  This  data  was  used 
in  this  resource  analysis,  along  with  a small  amount  of  data  from 

other  sources,  to  determine  the  energy  required  to  construct,  operate,  I 

and  maintain  each  of  the  four  systems  evaluated.  Unfortunately,  data 
was  not  available  for  the  amount  of  energy  needed  for  fabrication  of 
system  components.  Therefore,  the  energy  of  production  figures 

contained  in  Tables  X,  XI,  and  XIV  do  not  include  the  energy  needed  ^ 

to  take  the  various  materials  from  their  refined  state  to  their 
finished  product  configuration. 

Table  X contains  a summary  of  the  energy  of  production  for  the 
materials  consumed  by  the  four  systems.  Those  materials  for  which 
no  energy  data  was  available  were  not  included  in  Table  X.  In  each 
case,  the  energy  figure  listed  is  the  energy  required  to  mine  and 
refine  the  specific  material.  The  Battelle  study  assumed  that  any 
electricity  required  in  the  mining  or  refining  process  was  generated 
at  a cost  of  1.05  x 10^  Btu/kwhr  (Ref  2:A-1). 

Table  XI  contains  a summary  of  the  total  energy  required  to 
construct,  operate,  and  maintain  each  of  the  four  systems  studied, 
except  as  noted  above.  The  total  energy  figures  were  obtained  by 
multiplying  the  data  from  Table  X by  each  system's  total  requirement 
for  each  material,  as  specified  in  Tables  III  through  VI.  Those 
materials  from  Tables  III  through  VI  for  which  no  energy  of  production 
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Table  X 

Materjil  Energy  of  Production 


Material 

'■  " 1 

Energy  of  Production^ 

(10^  Btu/Metric  Ton) 

! 

Aluminum 

269. 0^ 

Copper 

123.4^ 

Steel 

54.6^ 

Liquid  Oxygen 

9.9^ 

Liquid  Hydrogen 

668.  8^ 

Argon 

10.  3^ 

Graphite 

176.4^ 

Silicon 

6163. S" 

Tedlar /Kapton 

84.7® 

Molybdenum 

187. 7^ 

1 

Ceramic 

34.  1^ 

Concrete 

8.4-0 

Glass 

19.2^' 

Rock 

0. 26^2 

DDT&E 

6500  Btu/$(1977)^^ 

^Energy  required  to  mine  and  refine  product.  It  does  not 
include  the  energy  to  transport  or  work  with  the  material  after  it 
has  been  refined. 

^Ref  2:6. 

^Ref  5:145. 
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Table  X (continued) 


^Ref  3:6. 

^Ref  5:145.  Hydrogen  is  assumed  produced  by  electrolysis. 

^Ref  2:A-1.  Approximation  using  the  energy  of  production  of 
graphite  electrodes. 

^Ref  2:A-1:  Ref  28:13,  16.  Using  today's  methods. 

Q 

°Ref  5:145.  In  this  resource  analysis,  this  energy  of  production 
is  assumed  to  be  appropriate  for  both  mylar  and  kapton. 

^Ref  5:147. 

^^Ref  2:5.  Approximation  using  the  energy  of  production  of 
Portland  cement. 

^^Ref  2:5.  Approximation  using  the  energy  of  production  of 
glass  containers. 

12 

Ref  2:A-1.  Approximation  using  the  energy  of  production  of 
limestone. 

l^Ref  47. 

was  known,  were  included  in  Table  XI  under  the  category  of  "other.  " 
The  amount  of  energy  required  for  "other"  was  determined  by  taking 
the  ratio  of  the  mass  of  materials  whose  energy  was  unknown  to  the 
mass  of  materials  whose  energy  was  known.  This  ratio  was  then 
multiplied  by  the  total  energy  of  production  of  the  known  materials. 

By  calculating  the  energy  of  "other"  in  this  way,  the  materials  in  the 
"other"  category  were  essentially  assumed  to  have  the  same  energy 


80 


Table  XI 

System  Energy  of  Production 


System  Component^ 

TST 

(109  Btu/ 
MWe) 

TPT~ 
(10*^  Btu/ 
MWe) 

OSR'i 
(109  Btu/ 
MWe) 

SSP 

(10^  Btu/ 
MWe) 

Aluminum 

12.2 

181. 

78.0 

24.9 

Copper 

- 

0.  008 

0.078 

Steel 

45.2 

- 

0.  OOi 

0.  176 

Liquid  Oxygen 

- 

- 

43.  5 

9.65 

Liquid  Hydrogen 

- 

- 

432. 

95.6 

Argon 

- 

- 

- 

0.080 

Graphite 

- 

- 

- 

0.038 

Silicon 

- 

115. 

49.6 

15.7^ 

Tedlar  /Kapton 

- 

- 

0.  316 

0.081 

Molybdenum 

- 

- 

- 

0.002 

Ceramic 

- 

- 

- 

7 X 10’^ 

Concrete 

30.8 

0.440 

0.  189 

1.90 

Glass 

2.  55 

0.583 

0.  252 

- 

Rock 

0.389 

- 

- 

- 

Other^ 

2.98 

* 

8.69 

2.  18 

DDT&E 

0.901^ 

0.243^ 

3.  00^ 

47.2^ 

8 

Total 

95.02 

297. 266 

615. 556 

197.585 

Coal  for  system  backup  was  not  included  in  this  analysis. 

2 

Does  not  include  battery  storage  material. 
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Table  XI  (continued) 


3 

An  approximation  based  on  a cutting  technique  which  ill 
probably  not  be  used. 

^"Other"  includes  all  materials  for  which  no  energy  of  produc- 
tion was  available,  except  as  exempted  in  items  (1)  and  (2)  above. 

^ Based  on  amortization  over  one  10  GWe  plant. 

°Based  on  amortization  over  one  74.2  GWe  plant. 

7 

Based  on  amortization  over  one  10  GWe  plant  but  doesn't 
include  cost  of  4 mil  solar  cell  development. 

Q 

°Does  not  include  energy  of  material  fabrication  or  of  the 
actual  construction  and  maintenance  process.  However,  does 
include  a 10%  DDT&E  Cost  Contingency. 

distribution  as  the  rest  of  the  system. 

The  energy  required  for  system  development  was  calculated  by 
using  additional  information  supplied  by  Battelle.  In  recent  studies, 
Battelle  has  found  that  from  3100  Btu  to  15,  500  Btu  are  expended  in 
the  aerospace  industry  for  every  1974  dollar  spent.  The  average 
figure  currently  used  by  Battelle  is  8000  Btu  per  1974  dollar  (Ref  47). 
This  average  figure  was  adjusted  to  1977  dollars  by  assuming  that  the 
average  aerospace  inflation  rate  over  the  past  3 years  has  been  7% 
per  year.  Thus,  an  average  figure  of  6500  Btu  per  1977  dollar  was 
calculated.  This  average  figure  was  then  multiplied  by  the  total 
projected  developmental  costs,  in  1977  dollars.  As  a result  of  this 
procedure,  it  was  possible  to  determine  the  estimated  energy  which 
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would  be  expended  in  the  development  of  the  various  systems. 


I 

] 


It  should  be  noted  that  by  making  the  assumption  of  6500  Btu  per  t 

i 

dollar,  the  energy  required  to  fabricate  the  developmental  materials 
•was  included  in  the  total  energy  figure.  However,  because  the  fabri- 
cation costs  of  the  actual  generating  systems  are  not  known,  this 
same  procedure  could  not  be  used  to  account  for  the  energy  of  fabrica- 
tion of  the  actual  generating  systems  themselves. 

Cost  Requirements  j 

The  final  phase  of  the  resource  analysis  was  to  determine  the 
costs  of  development,  design,  testing,  evaluation,  construction,  opera- 

I 

tion,  and  maintenance  of  each  system.  Table  XII  contains  a listing  of  ? 

the  costs  per  flight,  in  1977  dollars,  of  the  various  space  transporta- 
tion vehicles  along  with  the  projected  total  developmental  costs,  in 
1977  dollars,  of  each  space  transportation  system.  This  data  was 
projected  from  cost  figures  in  1976  dollars,  assuming  a 7%  rate  of 
inflation  in  1976. 

The  summarized  results  of  the  cost  analysis  are  contained  in 
Table  XIIl.  Costs  of  the  TST  and  TP  systems  were  given  by  a JPL 
study  without  detailed  explanation.  These  costs  include  an  unknown 
amount  to  cover  the  cost  of  appropriate  storage  systems. 

The  cost  of  the  SSP  system,  the  cost  of  the  SSP  space  support 
facilities,  and  the  cost  of  the  SSP  space  operations  were  all  taken 
directly  from  estimates  made  by  the  Marshall  Space  Flight  Center. 
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Table  XH 

Space  Transportation  Unit  Costs ^ 


Vehicle 

Development^ 

Cost 
($  109) 

Cost  per-^ 
Flight 
($  10^) 

HLLV 

11.  8 

9.6^ 

PLV 

1.2 

10.7^ 

COTV^ 

1.1^ 

7 

32.  1 

COTVq 

1.  1^ 

10.7'^ 

POTV 

1.6 

12.  8^ 

^ 1977  dollars. 

2 

Ref  34:XI.-5  as  adjusted  from  1976  to  1977  dollars  assuming  a 
7%  inflation  rate  in  1976.  HLLV  reference  is  Ref  32:12-10. 


2 

Includes  cost  of  vehicles,  operations,  and  amortized  spares/ 
refurbishment.  Cost  is  adjusted  from  1976  to  1977  dollars  assuming 
1 7%  inflation  rate  in  1976. 

^Ref  11:208. 

®Ref  33:VI-18. 

^The  COTVl  and  COTVq  are  considered  as  one  developmental 
problem.  The  total  developmental  cost  was  evenly  split  between  the 
wo  systems,  for  this  table,  although  the  COTV^  is  likely  to  be  the 
most  costly. 

^Ref  33:VI-19. 


j The  design,  development,  testing,  and  evaluation  (DDT&E)  costs  for 

i 

the  SSP  itself  were  taken  from  work  by  the  Johnson  Space  Center. 
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Table  Xm 
System  Costs  ^ 


Cost  Item 

TST  Cost 
($10^/ 
MWe) 

TP  Cost 

($108/ 

MWe) 

OSR  Cost 
($10^/ 
MWe) 

SSP  Cost 

($108/ 

MWe) 

J 

Ground  System 

4.  1^ 

6.53 

2.  81 

0.35“^ 

Orbital  System^ 

- 

. - 

0. 548 

1.514 

Space  Operations 
and  Facilities^ 

- 

- 

0. 935 

1. 66^ 

Maintenance^ 

Ground  System 

1.2 

2.  0 

0.84 

0.  10 

Orbital  System 

- 

- 

0.  16 

0.45 

Space  Facilities 

- 

- 

0.28 

0.  50 

Space  Transpor- 
tation^ 

HLLV 

- 

- 

5.  16 

1.  14 

PLV 

- 

- 

0.03 

0.04 

COTVl 

- 

- 

0.  17 

0.30 

COTVq 

- 

0. 59 

0.  11 

POTV 

- 

0.  001 

0.04 

DDT&E 

System 

0. 1268 

0.0348 

0.  21^ 

4.92^° 

Space  Trans- 
port 

- 

- 

0. 21^^ 

1.6811 

Contingency^^ 

0.  54 

0.  85 

1.  19 

1.  28 

Total 

5.97 

9.  38 

13.  12 

14.08 
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Table  XUI  (continued) 


^1977  dollars.  Source  data  not  in  1977  dollars  was  adjusted  to 
1977  dollars  assuming  7%  inflation  per  year.  In  general,  JPL  data 
was  in  1975  dollars,  NASA  data  in  1976  dollars,  and  Ehricke  data  in 
1977  dollars.  Does  not  include  cost  of  money,  such  as  interest  on 
debt. 


^Initial  capital  investment. 

^Ref  8:6-12. 

^Ref  32:14-7,  8. 

^Based  on  Ref  14:54.  Includes  cost  of  1320  reflectors,  each 
8.  73  km^. 

^Based  on  30%  of  cost  of  initial  system  component. 

^Based  on  results  of  Appendix  D and  Table  XII.  The  OSR 
COTVj_  cost  is  for  the  COTVq  going  from  550  km  to  1100  km. 

g 

Based  on  Ref  8:1-2,  amortized  over  one  10  GWe  power  plant. 

"^Ref  13:53,  Ref  8:1-2,  and  Ref  33:X-8  for  technology  and 
advancement  phase  costs.  Assumes  no  Lunetta  development  pro- 
gram. Amortized  over  one  74.2  GWe  plant. 


^Ref  33:X-7,8  and  Ref  34:]X-5.  Amortized  over  one  10  GWe 
plant. 

^^From  Table  XII.  Even  though  some  of  the  transportation 
systems  used  by  the  OSR  system  would  be  smaller  than  those  used 
by  the  SSP  system  (Appendix  D),  development  costs  are  assumed 
unchanged.  Amortized  over  74.2  GWe  plant  for  OSR  and  10  GWe 
for  SSP  systems. 

^^10%  of  all  costs. 
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However,  these  developmental  costs  are  not  believed  to  include  the 
cost  of  developing  a 4 mil  silicon  solar  cell.  As  mentioned  earlier, 
the  cost  of  such  a development  program  is  not  known  at  this  time. 

The  total  cost  of  the  ground  portion  of  the  OSR  system,  $2.08 
X 10^^,  was  determined  by  multiplying  the  cost  of  a 1 MWe  TP  system 
by  31, 913.  The  number  31,  913  was  used  because  it  is  the 
electrical  rating,  in  MWe,  of  the  OSR  ground  system  without  the  orbit- 
ing reflectors.  This  electrical  rating  is  based  on  the  assumption  that 
the  OSR  ground  system,  as  designed,  would  annually  receive  2.  15  x 
10*^  kwhr/km^  of  solar  radiation  directly  from  the  Sun  (Ref  13:51). 

The  cost  of  the  OSR  orbital  system  was  based  on  a projected 
reflector  unit  cost  of  $3.5  x 10^/km^  (Ref  13:54).  The  cost  of  the 
space  facilities  and  associated  operations  was  based  on  a projected 
cost  of  $2  X 10^/km^  each  time  the  reflector  is  coated  with  sodium 
(Ref  14:54). 

The  DDT&E  costs  for  the  OSR  system  were  extracted  from  pro- 
jections for  the  OSR  system  (Ref  13:53).  The  only  exception  was  that 
the  SSP  technology  and  advancement  cost  was  added  to  the  OSR  DDT&E 
costs  because  no  OSR  projection  for  this  cost  was  available  (Ref  33: 
X-8). 

It  should  be  noted  that  although  Ehricke  expects  the  Lunetta  pro- 
gram to  precede  the  Soletta  II  program,  that  assumption  was  not  made 
in  this  resource  evaluation.  Instead,  this  analysis  was  based  on  the 
assumption  that  the  entire  space  portion  of  the  OSR  system  would  have 
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to  be  developed  solely  for  this  program,  including  the  sodium  coating 


facility  and  the  electric  thrusters  used  for  reflector  control. 

For  all  four  of  the  systems  studied,  maintenance  costs  were 
assumed  to  be  30%  of  the  ground  and  space  system  costs  as  well  as 
30%  of  the  cost  of  space  operations  and  facilities.  Space  transporta- 
tion costs  were  based  on  the  analysis  in  Appendix  D.  All  space  trans- 
portation DDT&E  costs  were  determined  from  Table  XII. 

Resource  Evaluation  Summary 

Table  XIV  is  included  as  a summary  of  the  results  of  this 
resource  evaluation.  Although  it  was  the  goal  of  this  study  to  evaluate 
all  systems  on  the  basis  of  the  same  parameters,  this  was  not  always 
possible  because  of  the  unavailability  of  sufficient  data.  Therefore, 
the  information  contained  in  Table  XIV  should  be  used  to  compare  the 
four  systems  only  in  light  of  the  assumptions  presented  throughout 
this  chapter.  For  a further  discussion  of  the  information  contained  in 
Table  XIV,  refer  to  Chapter  VI  of  this  thesis. 

The  results  of  a JPL  resource  analysis  for  a gasified  coal  (GC) 
generating  system  are  also  included  in  Table  XIV.  These  results  were 
not  verified  and  may  have  been  obtained  using  different  assumptions 
than  used  in  the  resource  analysis  of  this  thesis.  However,  to  first 
order,  they  do  permit  a rough  comparison  between  conventional  and 
solar  generating  systems. 
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Table  XIV 

ource  Analysis  Summary 
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Because  the  four  systems  evaluated  in  Chapter  IV  are  currently 
at  different  stages  of  development,  each  system  has  a different  chance 
of  becoming  operational.  It  is  the  purpose  of  this  chapter  to  list  some 
of  the  major  technological  advancements  that  must  be  made,  some  of 
the  environmental  concerns  that  must  be  resolved,  and  some  of  the 
general  questions  that  must  be  answered  before  the  four  systems 
could  become  operational. 

This  chapter  is  not  all  inclusive.  Although  the  lists  in  this 
chapter  present  many  of  the  problems  tha.t  remain  to  be  solved,  it  is 
likely  that  new  problems  will  become  apparent  as  further  work  is  done 
in  the  field  of  solar  electric  generation.  In  addition,  the  solution  to 
one  problem  may  lead  to  another.  However,  it  is  the  goal  of  this 
chapter  to  present  a rough  idea  of  the  magnitude  of  the  problems  faced 
by  the  various  systems. 

Technological  Advancements 

A very  broad  definition  of  "technological  advancement"  is  used 
in  this  thesis.  Technological  advancement  is  assumed  to  include  the 
demonstration  of  the  validity  of  assumptions  made  in  performing  the 
resource  analysis  of  Chapter  IV  as  well  as  the  development  of  new 
technologies. 
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Technological  advancements  that  must  be  made  before  one  or 
all  of  the  four  systems  can  become  operational,  are  listed  in  Table 
XV.  The  item  numbers  refer  to  the  items  listed  below. 

1.  The  impact  of  varying  weather  conditions  on  plant  perform- 
ance must  be  more  fully  understood. 

2.  The  ERDA  cost  goal  of  $.  50  per  peak  watt  of  electrical  out- 
put must  be  achieved  (Ref  8:1-6). 

3.  An  advanced  Redox  battery  storage  subsystem  must  be 
developed  (Ref  8:1-6). 

4.  Techniques  must  be  developed  to  mass  produce  10  mil  thick 
silicon  solar  cells  with  13%  efficiencies  at  air  mass  1 and 
cell  temperature  of  28°C  (Ref  8:4-36). 

5.  It  must  be  demonstrated  that  sodium  coating  of  reflectors  in 
space  is  feasible. 

6.  Manufacturing  and  construction  techniques  for  the  compon- 
ents of  an  OSR  system  reflector  must  be  developed. 

7.  Thirty  year  solar  cell  lifetimes  must  be  demonstrated  (Ref 
32:A-5). 

8.  Service  vehicles  and  techniques  for  in-orbit  and  ground 
maintenance  as  well  as  improved  pressure  suits  for  astro- 
nauts during  extravehicular  activity  need  to  be  developed 
(Ref  32:8-16,7-108).  This  includes  the  development  of  pro- 
tective devices  for  astronavits  to  protect  them  against  radi- 
ation hazards  in  space.  Unprotected  astronauts  working  in 
space  are  expected  to  receive  radiation  dosages  that  exceed 
the  suggested  daily  exposure  limits  to  bone  marrow  and  to 
sensitive  human  organs  such  as  the  ocular  lens  and  testes. 
Astronauts  would  also  receive  an  amount  of  radiation  equal 
to  the  suggested  exposure  limit  to  the  skin  (Ref  32:8-14). 

9.  The  economic  feasibility  of  space  construction,  orbital 
factories,  and  the  construction  of  light-weight  deployable 
structures  must  be  established  (Ref  8:4-35). 

10.  The  entire  space  transportation  system  must  be  developed. 

For  the  SSP,  this  includes  the  Cargo  orbital  transfer  vehicle, 
COTVj_,  which  would  use  a speculative  magnetoplasmadynamic 
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Table  XV 

Required  Technological  Advancements 


* 


Table  XV  (continued) 

^Item  nunribers  refer  to  items  listed  in  text  under  Technological 
Advancements  section. 

2 

"x"  means  item  applies. 

means  item  does  not  apply. 

" means  item  may  apply. 


arcjet  propulsion  system  (Ref  33:VI-8,9,  10  and  Ref  32:12- 

11). 

11.  The  SSP  design  uses  plastic  silicon  solar  cell  covers.  "This 
assumption  has  little  evidence  to  support  it,  and  much  effort 
will  be  needed  to  verify  and  test  light  plastic  covers  [Ref  32: 
7-67].  " 

12.  Techniques  must  be  developed  to  mass  produce  4 mil  thick 
silicon  solar  cells  with  13%  efficiencies  at  air  mass  zero  and 
cell  temperature  of  28°C  (Ref  8:4-36). 

13.  Solutions  must  be  found  to  the  problem  of  space  plasma 
interaction  with  high  voltage  solar  arrays  (Ref  32:7-32). 

14.  Improved  techniques  must  be  developed  relative  to  the  simu- 
lation of  static  and  dynamic  properties  of  large  structures 

in  space  (Ref  32:7-108). 

15.  Advancements  must  be  made  in  microwave  technology  rela- 
tive to  the  amplitron,  low  noise  levels,  high  efficiency, 
active  cooling,  and  safeguards  against  arcing  of  the  micro- 
wave  system.  In  addition,  open  cathodes  that  can  withstand 
the  heat  and  high  current  of  the  SSP  system  for  30  years 
must  be  developed  (Ref  32:7-108). 

16.  New  materials  must  be  developed  tixat  wovald  be  insensitive 
to  thermal  distortion  but  which  easily  conduct  microwaves 
(Ref  32:7-108). 

17.  Continuously  varying  microwave  phase  shifting  devices  with 
resolutions  in  the  order  of  fractions  of  degrees  must  be 
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developed  (Ref  32:7-108). 


18.  A completely  new  method  of  microwave  phase  control  must 
be  developed  (Ref  32:7-108). 

19.  Materials  must  be  developed  that  will  degrade  very  little 
over  30  years,  for  use  in  the  rotary  joint  subsystem  (Ref 
32:7-109). 

It  should  be  noted  that  relative  to  the  SSP  system,  NASA  con- 
siders the  demonstration  of  man's  ability  to  manufacture  and  assemble 
equipment  in  space,  and  the  achievement  of  projected  mass,  efficiency, 
lifetime,  and  cost  goals  for  silicon  solar  cells,  as  the  two  most  criti- 
cal areas  to  the  successful  development  of  the  SSP  system  (Ref  32:A-5). 


Environmental  Concerns 

The  TST  and  TP  systems  are  not  expected  to  have  much  of  an 
impact  on  the  environment.  However,  their  backup  systems  which 
would  probably  be  coal,  could  have  an  impact.  However,  there  are  a 
number  of  concerns  relative  to  the  effects  of  the  SSP  and  OSR  systems 
on  the  environment.  Some  of  these  concerns  are: 

1.  What  affect  will  prolonged  microwave  exposure  have  on 
humans,  animals,  flora,  and  microorganisms  (Ref  10:61- 
62)? 

2.  How  much  thermal  pollution  will  result  from  microwave  or 
sunlight  radiation  directed  toward  the  Earth?  As  one  author 
put  it,  the  absorption  of  energy  by  the  ionosphere  from  a 
5000  megawatt  beam  could  be  "...  as  much,  if  not  more, 
than  the  energy  absorbed  from  the  Sun  [Ref  10:61-62].  " 

3.  "The  projected  ten  or  more  shuttle  flights  per  day  in  support 
of  the  power-satellite  fleet  . . . could  probably  cause  serious 
and  troublesome  disruption  of  communications  . . . [Ref  10: 
63]."  A similar  concern  was  expressed  by  NASA  (Ref  34:IV- 
C-2-b-4). 
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4.  There  is  concern  over  the  potential  modification  of  water 
cluster  ion  concentration  and  the  modification  of  stratos- 
pheric - -mesopheric  trace  gas  composition,  aerosol  distri- 
bution, and  thermal  balance  (Ref  10:65). 

5.  There  is  concern  that  a large  space  vehicle  would  abort  and 
crash  into  a heavily  populated  area  (Ref  34:6-50). 

6.  Heat  released  by  heavy  lift  launch  vehicle  (HLLV)  launches 
would  be  of  a magnitude  sufficient  to  cause  changes  in  the 
local  weather  patterns.  How  serious  this  would  be  is 
unknown  (Ref  34:Vm-B-5). 

7.  Noise  pollution  and  associated  vibrational  effects  would  occur 
as  a result  of  frequent  HLLV  launchings  (Ref  34:VIII-B-5). 

8.  "Even  a small  fraction  of  the  HLLV  fuel  could  cause  signifi- 
cant local  ecological  damage  if  the  fuel  were  not  properly 
contained  [Ref  34:Vni-B-5]. " 

9.  Releasing  propellants  into  the  magnetosphere  from  the  orbi- 
tal transfer  vehicle  could  possibly  cause  magnetic  substorms 
(Ref  34:VUI-B-8). 

10.  Space  debris  could  increase  significantly  (Ref  34;Vni-B-8,  9). 

11.  Reflected  sunlight  from  space  will  possibly  interfere  with 
astronomy. 

12.  Entry  systems,  of  space  transportation  vehicles,  are 
expected  to  create  sonic  booms  and  produce  NO^  in  the 
stratosphere  (Ref  34;VIIl-B-9). 

13.  Solar  array  technology  may  lead  to  problems  with  material 
toxicity,  the  handling  of  waste  products,  and  the  impact  of 
the  manufacture  of  large  quantities  of  solar  cells  and  related 
components  (Ref  8:7-108). 


Other  Questions  to  Be  Answered 

In  addition  to  the  environmental  concerns,  it  is  necessary  to  con- 
sider the  vulnerability  of  each  generating  system.  Currently,  the 
Dayton  Power  and  Light  Company  services  all  or  parts  of  24  counties 
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in  West  Central  Ohio.  For  this  service  area,  the  power  company  uses 
three  electrical  generating  plants  plus  parts  of  three  others.  Together 
these  plants  have  a rated  generating  capacity  of  2.4  GWe  (Ref  46). 

Thus,  the  proposed  SSP  system  would,  in  one  plant,  have  a rated 
capacity  four  times  greater  than  the  capacity  of  the  entire  Dayton 
Power  and  Light  Company.  If  that  one  plant  stopped  operating,  for 
whatever  reason,  millions  of  people  could  suddenly  be  without  electric- 
ity. The  problem  would  be  even  worse  for  the  OSR  system.  Although 
the  TST  and  TP  systems  were  evaluated  as  10  GWe  plants,  they  could 
be  constructed  on  smaller  scales  to  reduce  this  problem. 

The  SSP  system,  in  a study  by  JPL,  was  found  to  be  moderately 
vulnerable  to  sabotage  and  blackmail,  highly  vulnerable  to  military 
attack,  and  highly  vulnerable  to  legal  liability  due  to  regulation  and 
international  law.  However,  JPL  did  not  consider  the  terrestrial 
generating  systems  to  be  vulnerable  in  any  of  these  areas  (Ref  8:6-46). 
It  can  be  safely  assumed  that  since  the  OSR  system  has  some  space 
components  but  also  has  a ground  component  that  can  operate  inde- 
pendently of  the  space  component,  its  vulnerability  would  be  somewhere 
in  between  that  of  the  SSP  and  the  terrestrial  systems. 

The  vulnerability  described  above  could  be  enough  of  a factor  to 
end  further  funding  of  space  related  electrical  generating  systems. 
Especially  from  a military  point  of  view,  large  scale  dependence  upon 
a system  such  as  the  SSP  or  OSR  for  electricity  could  place  the  United 
States  in  an  extremely  vulnerable  position  in  times  of  war.  It  is  only 
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necessary  to  recall  the  recent  New  York  blackout  in  order  to  under- 


stand the  effect  upon  this  nation  of  the  elimination  of  all  or  most  of  its 
electrical  power.  Such  a concern  is  particularly  significant  to  the  SSP 

1 

system  because,  of  the  four  systems  evaluated,  it  is  the  only  one  that 
could  not  function  without  its  orbital  component.  Furthermore,  a 
foreign  nation  could  destroy  an  SSP  orbital  component  without  appear- 
ing to  be  at  war  with  the  United  States  by  making  the  destruction 
appear  to  be  the  result  of  an  accidental  orbital  collision  (Ref  8:6-47). 

Defense  against  such  a threat  would  be  difficult,  if  not  impossible. 
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VI.  Concluding  Comments 


From  the  feasibility  study  of  orbiting  solar  reflectors,  it  is 

i i 

[!  possible  to  conclude  that  single-mirror  orbiting  solar  reflectors  have 

' ' potential  uses  in  the  space  environment  for  in  space  power  gener- 

ij  ation.  However,  their  use  for  Earth  power  generation  is  most  likely 

i ! 

[ limited  to  a system  such  as  the  Ehricke  OSR  system.  With  this  in 

: j mind,  the  resource  evaluation  was  undertaken. 

I ' 

ij  The  purpose  of  the  final  chapter  of  this  thesis  is  to  comment  on 

i the  questions  raised  in  Chapter  V and  on  the  results  of  the  resource 

I evaluation,  to  put  these  results  into  perspective,  and  to  discuss  the 

implications  of  these  results  and  the  associated  unanswered  questions. 


Resource  Evaluation  Comments 

The  results  of  the  resource  evaluation,  contained  in  Table  XIV, 
must  be  considered  in  light  of  the  state  of  development  of  the  four 
systems.  Because  the  terrestrial  systems  are  much  closer  to  "state- 
of-the-art"  systems,  the  data  relative  to  their  resource  consumption 
is  probably  more  realistic  than  is  the  data  for  the  OSR  and  SSP  sys- 
tems. The  following  are  a few  comments  relative  to  the  uncertainty 
of  the  numbers  given  in  Table  XIV  for  each  of  the  resources  evaluated. 

Material  Requirements.  The  TST  system  would  not  be  as  signifi- 
cantly affected  by  weight  growth  as  would  the  others.  In  fact,  the  use 
of  more  speculative  mirror  designs  could  reduce  material  requirements 
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by  as  much  as  60%  (Ref  8;6-15).  The  TP  system  data  used  for  this 

analysis  was  very  sketchy  and  JPL  findings  were  higher,  as  discussed  ^ 

i 

in  Chapter  IV.  Solar  cell  technology  has  changed  rapidly  in  recent 
years,  a fact  that  has  made  it  difficult  to  find  consistent  estimates  for 
TP  material  requirements. 

As  mentioned  earlier,  the  OSR  reflector  mass  could  fall  any- 
where within  a range  from  50  to  150  tons/km^  (Ref  13:26,40,43), 
depending  upon  the  size  of  the  reflector  units.  For  the  SSP  system, 

the  mass  of  the  orbital  system  ranges  from  71,  505  metric  tons  to  I 

122,045  metric  tons  (Ref  34:IV-A-5-9). 

The  space  transportation  system  for  the  OSR  and  SSP  systems 
are  highly  speculative.  A weight  growth  of  50%  is  virtually  certain, 
although  this  growth  could  be  at  least  partially  offset  by  improvements 
in  current  designs.  For  example,  it  has  been  demonstrated  that 
hydrocarbon  fuel  rather  than  hydrogen  should  be  used  for  the  first 
stage  of  the  HLLV  because  of  the  greater  energy  density  of  hydrocarbon 
fuel  (Ref  34:11-2).  However,  because  of  insufficient  information, 
hydrogen  fuel  was  used  in  this  resource  analysis. 

Land  Requirements.  Land  requirements  could  increase  for  the 
SSP  system  if  side  lobe  overlap  problems  develop.  However,  social 
concerns  may  have  more  of  an  impact  on  land  requirements  than  any- 
thing else.  The  reason  for  this  is  that  land  requirements  for  solar 
electric  generating  plants  are  much  greater  than  for  nuclear  generating 
plants.  Construction  of  plants  requiring  hundreds  of  square  noiles  of 
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land  could  be  delayed  because  of  public  resistance. 


Water  Reg uirements.  Water  requirements  for  the  space  trans- 
portation system  in  Table  XIV  may  be  slightly  exaggerated  because  of 
the  assumption  that  the  intra-orbital  vehicles  were  miniature  HLLV 
systems  (Appendix  D).  Water  requirements  for  the  ground  systems  of 
all  four  proposed  systems  are  negligible  when  compared  to  conven- 
tional electrical  generating  plants  using  wet  cooling  techniques  (Ref 
8:6-12). 

Manpower  Requirements.  Manpower  requirements  are  some- 
what uncertain  at  this  time.  Although  a 120  man  construction  crew  was 
assumed  to  be  required  for  the  orbital  construction  of  the  SSP  system, 
estimates  of  required  manpower  place  the  crew  size  as  high  as  600 
personnel  (Ref  34:11-2). 

The  terrestrial  systems  would  require  considerable  maintenance 
forces.  However,  this  may  be  beneficial  in  that  it  would  help  to  pre- 
vent the  "boom/bust"  phenomenon  that  occurs  when  a large  construc- 
tion force,  required  to  build  a big  system,  is  suddenly  laid  off  because 
of  the  completion  of  the  construction  (Ref  8:6-23).  The  exact  size  of 
this  maintenance  force  is  uncertain  primarily  because  the  required 
size  of  the  plant  is  uncertain. 

Energy  Requirements.  The  major  uncertainty  in  the  energy  of 
production  figures  is  caused  by  the  fact  that  the  energy  of  fabrication 
of  materials  is  unknown,  that  major  improvements  are  expected  in  the 
manufacture  of  solar  cells,  and  that  the  material  requirements 
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are  uncertain. 


Cost  Requirements.  The  costs  included  in  the  resource  evalu- 
ation were  the  nominal  costs  listed  in  the  source  documents  with  the 
exception  of  the  cost  of  development  of  the  SSP  system.  In  the  case 
of  SSP  system  development,  the  upper  limit  cost  was  used  because  it 
is  frequently  the  figure  quoted  by  other  sources  (Refs  8;  16). 

The  uncertainty  in  cost  is  most  significant  for  the  OSR  and  SSP 
systems.  JPL  estimated  the  energy  cost  of  a TST  plant  with  gasified 
coal  backup  at  from  60  to  120  mills /kwhr,  for  a TP  plant  with  gasified 
coal  backup  at  from  75  to  220  mills /kwhr,  and  for  a SSP  plant  at  from 
60  to  500  mills /kwhr.  The  major  factors  contributing  to  the  large  cost 
uncertainty  for  the  SSP  system  were  the  uncertainty  of  solar  cell  costs 
and  the  uncertainties  in  the  cost  and  performance  of  many  other  major 
subsystems  (Ref  8;  1-5,  6).  Considering  the  similarity  between  the  OSR 
and  SSP  systems,  in  terms  of  the  technology  they  would  require,  it  can 
be  assumed  that  the  OSR  system  would  have  much  of  the  same  cost 
uncertainties  as  listed  above  for  the  SSP  system. 
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The  Resource  Evaluation  in  Perspective 

Energy  of  Production.  An  electrical  generating  system  should  be 
an  energy  producer,  not  an  energy  consumer.  What  is  meant  by  this 
statement  is  that  the  electricity  required  to  construct,  operate,  and 
maintain  an  electrical  generating  system  should  be  less  than  the  amount 
of  electricity  that  the  system  will  generate  during  its  lifetime. 


The  time  that  it  would  take  each  of  the  four  electrical  generating 
systems  to  pay  back  the  energy  requirements  listed  in  Table  XIV 
is: 

1.  Terrestrial  solar  thermal  system  - 1.48  years 

2.  Terrestrial  photovoltaic  system  - 4.62  years 

3.  Orbiting  solar  reflector  system  - 9.56  years 

4.  Satellite  solar  power  system  - 2.53  years 

The  energy  pay  back  times  listed  above  were  calculated  by  assuming 
that  the  energy  consumption,  for  each  system,  listed  in  Table  XIV 
could  have  been  used  instead  to  generate  electricity  at  the  energy  con- 
sumption rate  of  1.05  x lO"^  Btu/kwhr  (Ref  2:A-1).  It  was  then  deter- 
mined how  long  it  would  take  each  of  the  four  systems  to  generate  an 
amount  of  electricity  equal  to  the  effective  amount  that  they  would  con- 
sume during  construction,  operation,  and  maintenance.  It  was  assumed 
that  the  TST,  TP,  and  OSR  systems  would  produce  electricity  at  a rate 
of  70%  of  rated  capacity  (Ref  8:1-3),  while  the  SSP  would  produce  elec- 
tricity at  85%  of  rated  capacity  (Ref  32:14-3). 

Total  Investment  Costs.  One  final  way  of  considering  cost  is  to 
consider  the  total  cost  of  investment,  independent  of  the  generating 
capacity  of  the  plants.  The  terrestrial  systems  could  be  built  on  small 
scales  and  would,  therefore,  not  require  investments  of  the  magnitude 
required  by  the  SSP  and  OSR  systems.  The  SSP  system  would  need  to 
be  built  on  a 10  GWe  scale  in  order  to  offset  the  large  support  costs  of 
such  a system.  Thus,  the  minimum  investment  in  the  SSP  program. 
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obtained  by  multiplying  the  SSP  cost  per  megawatt  in  Table  XIV  by 
10,000,  would  be  $141  billion.  This  would  purchase  one  10  GWe 
system. 

! 

The  OSR  system  cannot  be  built  on  a scale  smaller  than  74.  2 

j 

; GWe  because  of  the  limitations  of  solar  optics  discussed  in  Chapter  II. 

I 

i Thus,  its  minimum  initial  investment  cost,  obtained  by  multiplying  the 

; OSR  cost  per  megawatt  in  Table  XIV  by  74,  200,  would  be  $974  billion. 

I 

I In  defense  of  the  OSR  system,  however,  it  should  be  noted  that 

i 

j its  cost  effectiveness  could  be  enhanced  greatly  by  building  two  or  more 

1 

I ground  stations.  Since  the  ground  system  cost  is  low  compared  to  the 

!| 

,!  cost  of  the  rest  of  the  system,  and  since  one  set  of  reflectors  could 

•< 

easily  illuminate  two  ground  systems  without  decreasing  the  rated 
capacity  of  either  ground  system,  tliis  would  significantly  reduce  the 

I 

cost  of  electricity  produced  by  the  OSR  system. 

Finally,  it  should  be  noted  that  both  the  OSR  and  SSP  systems 
would  become  considerably  cheaper  per  copy  if  several  were  con- 
structed. By  doing  this,  it  would  be  possible  to  spread  the  cost  of 

development  over  several  plants  anctthus  bring  down  the  cost  of  an 

I 

individual  plant. 

Final  Comments 

Development  of  the  various  systems  is  just  beginning  and  little 
1 is  known  about  the  solutions  to  the  many  problems  that  must  be  solved. 

I 

However,  it  is  this  author's  opinion  that  considering  the  environmental 
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concerns,  the  vulnerability  questions,  the  need  for  technological 
advancements,  and  the  resource  requirements,  it  seems  difficult  to 
justify  further  commitment  to  the  OSR  and  SSP  programs.  Studies  by 
JPL,  ERDA,  and  NASA,  as  v'ell  as  this  one,  have  all  shown  that,  at 
best,  the  SSP  system  would  be  competitive  with  other  ground  solar 
systems  like  wind,  geothermal,  TST,  and  TP  (Refs  8:1-2;  34:11-3; 
16:7).  Thus,  it  seems  unreasonable  that  billions  of  dollars  should  be 
spent  on  very  uncertain  programs  that,  even  if  built  at  the  conservative 
cost  estimates  of  today,  would  be  no  cheaper  than  terrestrial  methods. 

Perhaps  solar  power  generation  is  not  the  answer  to  the  energy 
crisis.  Continuous  operation  of  terrestrial  solar  electric  generating 
plants  is  seriously  hampered  by  the  variability  of  sunlight.  However, 
it  is  possible,  as  the  Barstow,  California  TST  plant  demonstrates,  to 
build  a prototype  terrestrial  solar  electric  power  plant  today  that, 
when  operational,  could  be  used,  at  a minimum,  to  supplement 
electrical  supplies.  If  necessary  conventional  plants  could  be  used 
during  the  evening  hours.  By  using  such  an  electrical  generating  plan, 
it  would  be  possible  to  stretch  out  the  lifetime  of  the  finite  fuel 
resources  of  the  world,  until  a new  and  even  better  solution  to  the 
energy  crisis  can  be  found. 


; 
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Appendix  A 


Matrix  Methods  Applied  to  the  AOSR 


Since  the  early  nineteen-sixties,  the  use  of  matrix  operators  to 
solve  ray  tracing  problems  has  become  increasingly  popular  (Ref  24; 
171).  The  purpose  of  this  appendix  is  to  describe  how  matrix  methods 
were  used  to  complete  a ray  trace  of  the  AOSR  system. 

In  matrix  representation,  a typical  ray  would  be  written  as 
follows: 


n a 

y 


(10) 


as  described  in  Chapter  111. 

To  simplify  the  ray  trace  analysis,  the  primary  and  secondary 
mirrors  of  the  AOSR  system  were  approximated  as  thin  lenses. 
Mirrors  and  thin  lenses  are  similar  because  neither  requires  consid- 
eration of  the  effects  of  transmission  through  themselves.  To  further 
simplify  the  analysis,  primary  and  secondary  mirrors,  which  in 
reality  would  have  a slight  curvature,  were  projected  onto  planes. 

The  planes  for  the  primary  and  secondary  mirrors  were  defined  to  be 
perpendicular  to  the  AOSR  optical  axis,  intersecting  the  optical  axis  at 
points  G and  E in  Fig.  15,  respectively.  Points  G and  E are  the  points 
the  actual  mirrors  would  have  in  common  with  the  optical  axis.  The 
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Primary  Mirror 

Fig.  15.  AOSR  Geometry 


tertiary  mirror  required  no  projection  because  it  was  assumed  to  be 
a planar  mirror. 

Since  the  primary  and  secondary  mirrors  of  the  AOSR  were 
approximated  as  thin  lenses,  each  was  represented  by  a matrix  of 
the  form 


where  f is  the  focal  length  of  the  respective  mirror. 


Ill 


To  account  for  the  amount  a ray  of  sunlight  would  be  displaced 
in  traveling  a distance  d in  the  vacuum  of  space,  the  following  trans- 
fer matrix  was  used: 


0 


1 I {Ref  24:175) 


(32) 


The  matrix  representing  the  combined  effect  of  all  of  the 
lenses  and  mirrors  in  an  optical  system  is  called  the  system  matrix 
(Ref  24:174).  The  following  system  matrix  describes  the  path  of  a 
ray  from  the  primary  mirror  to  the  tertiary  mirror  of  the  AOSR  system: 


(33) 


where  f ^ is  the  focal  length  of  the  primary  nnirror,  f^  is  the  focal 
length  of  the  secondary  mirror,  dj  is  the  distance  between  the  pri- 
mary and  secondary  mirrors,  and  d2  is  the  distance  between  the 
secondary  and  tertiary  mirrors. 

Values  used  in  Eq  (33)  are  listed  in  Table  XVI.  These  values 
were  calculated  based  upon  three  AOSR  design  factors:  that  d^  = 

300  m (Ref  22:16);  that  the  primary  and  secondary  mirrors  would  form 
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Parameter 

Size 

(m) 

h 

336.73 

f2 

-36.73 

dl 

300. 00 

*^2 

279. 79 

^Based  on  Ref  22. 

a confocal  system;  and  that  the  primary  and  secondary  mirrors  would 

I 

/ 

have  diameters  of  330  m and  36  m,  respectively  (Ref  22:9,  15). 

One  additional  factor  was  included  in  order  to  maximize  the 
efficiency  of  the  AOSR.  By  efficiency  is  meant  the  intensity  of  the 

I 

sunlight  leaving  the  tertiary  mirror  for  the  Earth,  divided  by  the 
intensity  of  the  sunlight  incident  on  the  primary  mirror.  This  addi- 
tional factor  was  that  the  marginal  ray  of  the  system  should  follow  ' 

1 

the  line  ABC  in  Fig.  15.  If  reflectivity  losses  are  neglected,  then  j 

i 

I 

under  such  conditions,  all  collimated  light  incident  on  the  primary  j 

i 

mirror  would  strike  the  secondary  mirror.  Yet,  at  the  same  time,  \ 

the  secondary  mirror  would  experience  the  lowest  radiation  flux 
density  possible,  given  the  requirement  that  no  light  miss  it. 

Using  these  factors  a geometrical  configuration  similar  to  that 
shown  in  Fig.  8 was  constructed.  Both  mirrors  were  assumed  to  be 
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parabolic  such  that  the  equation 

y2  = 4fx 


1 


was  applicable.  In  Eq  (34),  y is  the  distance  from  the  optical  axis  to 
the  outer  edge  of  the  mirror,  f is  the  focal  length  of  the  mirror,  and 
X is  the  distance  from  the  center  of  the  mirror,  measured  along  the 
optical  zocis,  to  the  point  from  which  the  value  for  y is  measured  (Ref 
40:38). 

The  actual  values  in  Table  XVI  were  calculated  using  the  prop- 
erty of  similar  triangles  that 


AD  _ BF 
DC  FC 


(35) 


where  AD,  BF,  DC,  and  FC  are  as  defined  in  Fig.  15.  Using  Eq  (35) 
it  was  possible  to  solve  for  FC  and  then  to  use  Eqs  (36)  and  (37)  to 
find  fj,  and  where 

fj  « GE  + FC  (36) 

f2  « FC  (37) 


Although  approximate,  the  above  calculations  provided  a first 
approximation  so  that  Eq  (34)  could  be  used  to  calculate  x for  both 
the  primary  and  secondary  mirrors.  These  calculations  gave  first 
approximations  for  GD  and  EF.  Then  fj  = GC  and  f^  = EC  were 
computed,  DF  and  FC  were  recomputed,  and  Eq  (35)  was  applied  a 
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second  time.  This  led  to  another  value  for  FC  which  was  used  to 
recompute  and  which  were  then  used  in  Eq.  (34\  to  recalculate 
GD  and  EF.  The  procedure  described  in  the  last  two  sentences  was 
continued  in  an  iterative  fashion  until  recalculation  did  not  change  the 
value  of  FC.  The  values  for  fj,  dj,  and  d^*  when  FC  remained 
constant,  are  those  listed  in  Table  XVI. 

When  the  values  listed  in  Table  XVI  were  substituted  into  Eq. 
(33),  the  following  system  matrix  was  obtained 


Z = 


9. 1677  0 

_2865.0  0.  10908 


(38) 


In  order  to  complete  the  ray  trace  mentioned  earlier,  the 
tertiary  mirror  was  assumed  to  be  planar,  and  the  initial  ray  striking 
the  primary  mirror  was  assumed  to  be,  in  matrix  form. 


0. 00466 
175.54 


(39) 


The  value  175.54  in  Eq.  (39)  represents  the  radius  of  the  primary 
mirror  projected  into  its  respective  plane,  as  discussed  earlier.  This 
value  for  y in  Eq.  (10)  represents  the  point  A,  of  the  marginal  ray 
ABC.  (The  radius  of  the  secondary  mirror  projected  into  its  respective 
plane  would  be  19.  13  m. ) 
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The  value  0.00466  was  selected  for  Eq  (39)  because  it  repre- 
sents the  slope  of  the  ray  having  the  greatest  divergence  at  the  terti- 


ary mirror. 


To  completely  trace  this  ray  through  the  system,  the  individual 
matrices  in  Eq.  (33)  were  applied  consecutively  until  the  ray  left  the 


AOSR.  For  example,  as  a first  step,  the  effect  of  reflection  at  the 
primary  mirror  was  calculated  using 


- 1 

336.73 


. 00466 


175.54 


At  the  secondary  mirror,  the  ray  would  undergo  a reflection 


given  by 


However,  Eq.  (41)  is  itself  an  indication  that  sunlight  is  not  parallel. 
Although  the  AOSR  system  was  configured  such  that  all  rays  from  the 
primary  mirror  would  strike  the  secondary  mirror,  the  solution  of 
Eq.  (41)  is 


■0. 5166 


20.  54 


This  ray  would  miss  the  secondary  mirror.  Thus,  from  Eq. 

(4Z)  it  can  be  concluded  that  because  sunlight  is  not  parallel  radiation,' 


some  of  the  sunlight  striking  the  AOSR  primary  mirror  would  miss  the 
secondary  mirror.  In  fact,  for  the  rays  with  slope  of  0.00466,  the 
outermost  ray  to  strike  the  secondary  mirror  would  be  the  ray 


0. 00466 


162.75 


It  is  this  ray  that  is  traced  in  Fig.  8 by  consecutively  applying  the 
individual  matrices  of  Eq.  (33). 

The  details  of  the  ray  trace  are  as  follows.  Eq.  (44)  mathe- 
matically describes  the  result  of  the  initial  reflection  at  the  primary 
mirror.  The  numbers  in  Eq.  (44)  and  the  others  below  were  rounded 
for  presentation.  In  the  actual  calculations,  however,  they  were  not 
rounded. 


1 -1/336.73  0.00466  -0.4787 


162.75 


162.75 


After  reflection  at  the  primary  mirror,  the  light  ray  travels  to  the 
secondary  mirror  as  described  by  Eq.  (45). 


300  1 


-0.4787  -0.4787 


162.  75 


19.  150 


Then  the  ray  is  reflected  by  the  secondary  mirror. 


1 


1/36.73 


-0.4787 


0.  0427 


(46) 


j 


L“ 


J 1^19.  150  J 1^19.  150j 


After  reflection  at  the  secondary  mirror,  the  light  ray  travels  toward 
the  tertiary  mirror,  but  misses  it,  and  instead  strikes  the  primary 
mirror  a second  time. 


1 

0 

0. 0427 

— — 

0.0427 

300 

1 

19. 150 

31.  966 

(47) 


Eq.  (48)  describes  the  result  of  a second  reflection  at  the  primary 


mirror. 


1 

-1/336.73 

0.0427 

-0.0522 

0 

1 

31.966 

31.966 

(48) 


The  ray  then  travels  to  the  secondary  mirror  a second  time. 


r 1 

- 

■ ^ 

1 

0 

-0.0522 

-0.0522 

300 

1 

31.966 

16.303 

-1 

(49) 


The  reflection  at  the  secondary  mirror  is  described  by  Eq.  (50). 


1 

1/36. 73 

-0. 0522 

0.3916 

0 

1 

16.303 

16. 303 

(50) 


The  light  ray  then  returns  to  the  primary  mirror  a third  time.  At  its 


118 


I 


arrival  at  the  primary  mirror  it  is  governed  by 


1 

300 


0.3916 

16.303 


0.  3916 
133. 801 


(51) 


Eq.  (52)  describes  the  third  primary  mirror  reflection. 


1 


0. 3916 

-0.0057 

133. 801 

133.801 

(52) 


Following  this  third  primary  mirror  reflection,  the  light  ray  departs 
the  AOSR,  heading  in  the  general  direction  of  the  Sun.  At  a distance 
of  300  m from  the  primary  mirror,  the  ray  would  be  as  calculated  in 
Eq.(53). 


1 

0 

-0. 0057 

-0. 0057 

300 

1 

133. 801 

. - 

132. 092 

(53) 
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Calculation  of  the  Luminous  Incidence 
from  the  Sun  at  AU 

Only  a portion  of  the  electromagnetic  radiation  emitted  by  the 
Sun  is  in  the  visible  spectrum.  Thus,  while  the  solar  constant,  Eq 
(15),  is  a measure  of  the  total  radiation  received  from  the  Sun  at  1 AU, 
it  does  not  identify  how  much  of  that  radiation  is  in  the  visible  spec- 
trum. The  purpose  of  this  appendix  is  to  explain  how  the  illuminance 
of  the  Sun  at  1 AU,  Eq  (21),  was  calculated. 

The  conversion  between  radiometric  and  photometric  flux  is, 
by  convention,  673  lumen /watt  at  555  nm.  At  all  other  wavelengths, 
the  conversion  is  given  by 

K = (y^)(673  lumen/watt)  (54) 

where  is  the  luminous  efficiency. 

The  solar  constant  is  made  up  of  finite  contributions  from  all 
wavelengths  in  the  solar  spectrum.  If  the  contribution  from  a given 
wavelength  is  then  the  equation  to  be  used  in  converting  from 

radiometric  to  photometric  units  would  be: 

Pv  = (Hx)(K)  (55) 
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Two  tables  were  useful  in  determining  the  total  illuminaince  of 
the  Sun.  In  each  table,  the  visible  portion  of  the  spectrum  is  divided 
into  intervals  of  5 nm  and  10  nm.  Table  16 -lb,  of  reference  42,  lists 
over  each  of  these  intervals;  while  Table  6j-l,  of  reference  23, 
lists  for  the  wavelength  beginning  each  interval. 

In  order  to  do  the  calculation  of  total  illuminance,  it  was 

I 

I assumed  that 

! 

I 

“x  <56) 

I 

' Although  Eq  (56)  is  an  approximation,  it  was  felt  that  the  wavelength 

intervals  used  in  the  tables  were  sufficiently  small  that  the  calculation 
of  the  total  illuminance,  using  this  approxin^tion,  would  be  sufficiently 
accurate  for  this  thesis. 

To  calculate  the  total  illuminance,  was  calculated  for  each 

1 K 0 using  Eq  (55).  The  total  illuminance  was  then  the  sum  of  all 

! Py's.  When  this  procedure  was  followed,  the  total  illuminance  of  the 

i 

I Sun  at  1 AU,  outside  the  Earth's  atmosphere,  was  found  to  be  1.37  x 

' 10^  lumen/m^. 


Appendix  C 


Potential  Designs  for  Large  Space  Mirrors 

One  of  the  purposes  of  this  thesis  was  to  investigate  the  use  of 
orbiting  solar  reflectors.  In  addition  to  studying  the  applicability  of 
using  reflectors  to  reflect  sunlight  directly  to  the  Earth's  surface,  as 
discussed  in  Chapter  III  of  this  thesis,  a study  was  also  conducted 
concerning  possible  mirror  designs.  Since  the  purpose  of  such 
mirrors  v/ould  be  to  reflect  large  quantities  of  sunlight,  the  design 
study  concentrated  on  mirrors  with  maximum  size  to  mass  ratios. 
The  purpose  of  this  appendix  is  to  describe  the  types  of  mirrors  con- 
sidered in  the  study  and  to  point  out  their  respective  advantages  and 
disadvantages  in  space  applications. 

Common  Characteristics 

All  of  the  designs  considered  were  for  aluminized  kapton 
reflectors,  330  m in  diameter.  Most  would  be  parabolic  in  shape, 
although  a spherical  mirror  would  be  a reasonable  approximation  for 
most  applications.  For  example,  for  a parabolic  mirror  with  a focal 
length  of  f = 336.73  m,  the  (x,  y)  cross  sectional  coordinates  of  the 
outer  edge  would  be  (165  m,  20.21  m),  as  determined  by  solving 
Eq  (34).  Similarly,  the  outer  edge  coordinates  of  a spherical  mirror 
with  a focal  length  of  f,  would  be  (165  m,  20.  53  m)  as  derived  from 
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the  equation  for  the  circular  cross  section  of  a spherical  mirror 

- (X  - R)^  (55) 

•where  R is  the  radius  of  curvature  such  that 

R = 2f  (56) 

(Ref  24:124,  125). 

After  construction,  each  of  the  mirrors  considered  in  this  study 
would  be  packaged  using  a radial  folding  technique  described  by  the 
Goodyear  Aerospace  Corporation  in  a final  report  for  the  NASA 
Project  Able  (Ref  21:IV-7).  Once  in  orbit,  each  mirror  would  be 
partially  unfolded.  This  would  release  the  elastic  energy  stored  dur- 
ing the  folding  process.  Following  this  unfolding,  four  equidistant 
points  along  the  outer  rim  of  each  reflector  would  be  moved  as  nearly 
as  possible  into  their  final  positions.  The  final  deployment  sequence 
would  then  be  accomplished  by  gradually  inflating  the  outer  rim  until  it 
becomes  rigid  (Ref  21:IV-8,  9). 

In  order  to  accommodate  the  deployment  process  described 
above,  the  rims  of  the  mirrors  would  be  made  of  either  a wire-film 
truss,  or  a pressurized  torus,  as  shown  in  Fig.  16 . Triangular  in 
shape,  the  truss  would  be  made  of  an  aluminum  wire  mesh  covered 
with  0.35  mil  kapton  film  on  both  sides  (Ref  21:111-7).  During  deploy- 
ment, a gas  would  be  applied  to  pressurize  the  wire-film  tubes,  forc- 
ing them  to  take  a predetermined  shape.  During  the  last  part  of  this 
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Pressurized  Torus 


Fig.  16.  Two  Mirror  Rim  Designs 
(Based  on  Ref  21:in-18,  UI-ZO) 


pressurization,  the  pressure  would  stress  the  wire-mesh  part  of  the 
tubes  slightly  beyond  their  yield  point.  This  would  permanently  set 
their  shape.  Once  this  shape  had  been  set,  the  rim  would  maintain 
its  shape  and  rigidity  without  the  need  of  internal  pressurization  (Ref 
21:111-19,  III- 20).  In  addition,  even  after  the  gas  is  vented,  the  kapton 
film  would  continue  to  provide  shear  stiffness  for  the  wire  grid 
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(Ref  21:IV-12). 

A pressurized  torus  would  be  made  of  the  same  material  as  the 
reflector,  most  probably  aluminized  kapton.  This  would  eliminate 
thermal  expansion  problems  associated  with  dissimilar  materials. 

The  torus  would  resemble  a figure  eight  in  cross  section  (Ref  21:111- 

20). 

There  are  both  advantages  and  disadvantages  to  a pressurized 
torus  and  a wire-film  truss.  The  wire-film  truss  would  be  relatively 
uneiffected  by  meteoroids  since  it  would  not  require  constant  pressuri- 
zation for  rigidity.  However,  Goodyear  found  that  the  truss  design 
could  not  withstand  as  much  stress  as  could  the  pressurized  torus 
(Ref  21:X-2,  IV-11).  This  could  become  a i aiding  factor  when  work- 
ing with  mirrors  that  are  330  m in  diameter. 

On  the  other  hand,  the  pressurized  torus  would  be  very  suscept- 
ible to  meteoroid  punctures.  For  example,  Goodyear  conducted  a 
design  study  of  a flat  reflector,  2250  ft  in  diameter,  made  of  0.  35  mil 
aluminized  kapton.  To  support  the  mirror,  Goodyear  concluded  that 
the  diameter  of  each  of  the  two  sections  in  the  torus  rim  would  have 
to  be  43  feet.  Goodyear  suggested  that  a subliming  material  such  as 
sulfur,  along  with  a powder,  such  as  carbon  black,  should  be  dusted 
into  the  torus  during  fabrication.  These  materials  would  help  to  seal 
micrometeroid  punctures.  Yet,  even  with  these  materials,  Goodyear 
estimated  that  150  lb  of  gas  would  be  needed  to  inflate  the  torus  and 
that  within  one  year,  350  lb  of  gas  would  be  lost  between  the  time  a 
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puncture  developed  and  ^vas  sealed,  and  1120  lb  of  gas  would  escape 
through  openings  too  large  for  the  particles  to  plug  (Ref  21:111-20— 

m-22). 

The  ultimate  goal  in  developing  a rim  design  would  be  to  provide 
adequate  tension  while  minimizing  rim  mass.  Depending  on  the  par- 
ticular mirror  design,  it  may  be  possible  to  use  a wire-film  concept. 
However,  even  if  the  wire-film  concept  is  not  feasible,  it  may  still  be 
possible  to  avoid  the  large  gas  losses  associated  with  the  pressurized 
torus  design.  This  could  be  done  by  pressurizing  a torus  rim  and 
then  chemically  treating  it  with  a rigidizing  process  such  as  one  of 
those  suggested  by  the  Itek  Corporation  in  their  feasibility  study  of  a 
30  m space  mirror.  Itek  categorized  these  techniques  as  "plasticizer 
boil-off,  ultraviolet  and  infrared  cured  plastic  resins,  and  gas 
catalysis  curing  techniques  [Ref  4:62].  " Finally,  as  another  alterna- 
tive to  pressurization,  it  might  be  possible  to  fill  the  torus  with  a 
polyurethane  or  epoxy  foam  which,  after  filling  the  torus,  would  solid- 
ify. However,  in  a study  by  the  Goodyear  Aerospace  Corporation,  it 
was  concluded  that  for  mirrors  larger  than  10  or  15  feet  in  diameter, 
a chemical  discovery  would  be  necessary  to  make  foam  rigidization 
work.  Such  a chemical  would  have  to  remain  fluid  for  at  least  3 to  10 
minutes  but  would  then  have  to  foam  and  gelatin  within  a matter  of 
seconds  (Ref  41:45).  In  addition,  without  some  sort  of  breakthrough, 
foams  may  prove  to  be  too  heavy.  For  example,  at  75°F,  a rigid 
polyurethane  foam  with  a density  of  2 Ibs/ft^  has  a compressive 
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strength  of  only  36  psi  jt  10%  parallel  to  the  foam  rise  and  a shear 
strength  of  23  psi  i;  10%  parallel  to  the  foam  rise.  To  compound  the 
problems,  strength  decreases  as  density  decreases  and  compression 
strength  perpendicular  to  foam  rise  is  only  approximately  half  that 
parallel  to  foam  rise  (Ref  27:70-71). 


Possible  Mirror  Designs 

In  this  appendix,  the  following  mirror  designs  will  be  discussed: 
radiation  pressure  inflated,  electrostatically  inflated,  gas  filled,  foam 
supported,  catenary  supported,  and  solid  back  Fresnel.  A sketch  of 
each  is  included  in  Fig.  17. 


Radiation  Pressure  Inflated  Mirror 


One  of  the  first  mirrors  considered  was  one  which  would  use  the 


force  of  solar  radiation  pressure  to  maintain  its  shape.  This  concept 
is  very  attractive  because  it  would  require  less  support  equipment 
than  the  other  concepts. 

The  general  equation  for  stress  on  a continually  inflated  struc- 
ture is  given  by 


P =_£*  + -lx 


where  P is  the  pressure,  R and  R are  the  principal  radii  of  curva- 

jL  y 

ture,  and  6 and  6^  are  the  principal  stresses.  For  a sphere,  where 


R = R , the  general  formula  reduces  to 
JL  y 


1 


(Ref  35:238). 


In  applying  Eq.  (58),  the  solar  pressure  at  1 AU  was  assumed  to 
be  0.  9 X lO”^  N/m^  (Ref  44:1).  The  radius  of  curvature  was  approxi- 
mated as  R = 165  m since  the  solar  pressure  would  act  only  over  the 
330  m cross  section  of  the  mirror.  Substituting  these  values  into 
Eq.  (58),  it  was  determined  that 

tf=  7.425  X 10"'*  N/m  (59) 

Thus,  if  solar  pressure  is  to  be  sufficient  to  inflate  the  mirror, 
then  a stress  of  7.425  x 10”"^  N/m  must  be  sufficient  to  remove  all 
wrinkles  from  the  aluminized  kapton.  To  determine  if  this  level  of 
stress  would  be  sufficient  to  remove  all  wrinkles,  a simple  experi- 
ment was  devised. 

In  the  environment  of  space,  the  orbiting  reflector  would  be 
essentially  weightless.  But  on  Earth,  it  is  possible  to  use  the  force 
of  gravity  to  approximate  the  effect  of  solar  pressure.  Newton's 
equation 

F = ma  (60) 

was  used  to  convert  7.425  x 10"^  N/m  to  7.57  x 10“^  g/mm,  where 
a,  the  acceleration  due  to  gravity,  was  assumed  to  be  9.  81  m/sec^. 
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In  the  experiment,  a ZO  mm  by  10  mm  piece  of  0.  1 mil  alumi- 
nized mylar,  supplied  by  Sheldahl  of  Northfield,  Minnesota,  was 
attached  to  a glass  rod  as  shown  in  Fig.  18.  A fold  was  made  5 mm 
from  the  bottom  of  the  mylar  and  three  holes  were  made  along  the 
bottom  of  the  mylar  as  shown  in  Fig.  18.  The  density  of  the  0.  1 mil 
mylar  used,  was  3.4  x 10  g/mm*^.  Thus,  since  100  mm^  of  mylar 

hung  below  the  fold,  the  mass  of  the  mylar  below  the  fold  was  3.4  x 

A 

10  g.  This  meant  that  solar  pressure  would  not  be  sufficient  to 
inflate  the  mirror,  unless  a mass  of 

(7.57  X 10"®  g/mm)(20  nun)  - (3.4  x 10"^  g)  = 1.  174  x 10"®g  (6l) 

would  be  sufficient  to  completely  remove  the  fold  from  the  mylar. 
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Fig.  18.  Experimental  Setup  for  Solar 
Pressure  Experiment 
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In  the  experiment,  aluminum  wire  was  hung  as  uniformly  as 


possible,  from  the  three  holes  in  the  mylar  film.  It  took  1.427 
grams  of  aluminum  wire  to  take  most  of  the  wrinkles  out  and  much 
more  than  that  to  come  close  to  taking  out  all  of  the  wrinkles. 

Therefore,  it  was  concluded  that  solar  pressure  would  not  be 
sufficient  to  remove  all  of  the  wrinkles  and  properly  inflate  a 330  m 
diameter  mirror. 

I 

I 

Electrostatically  Inflated  Mirror 

One  of  the  problems  encountered  in  trying  to  determine  if  solar 
radiation  pressure  would  inflate  a large  space  mirror  was  the  electro- 
static potential  that  built  up  on  the  mylar  any  time  it  was  handled. 

This  led  to  a hypothesis  that  the  mirror  could  be  properly  inflated  by 
building  up  a large  electrostatic  charge  on  it.  It  was  theorized  that 
the  charged  film  would  repel  itself  and  thereby  take  its  manufactured 
shape. 

To  test  the  electrostatic  hypothesis,  a miniature  spherical  mirror 
was  constructed  using  a cardboard  rim  and  0.  1 mil  aluminized  mylar. 

A Welch  winshurst  generator  was  used  to  generate  the  electrostatic 
potential. 

During  the  experiment,  the  aluminized  mylar  was  wrinkled  and 
its  spherical  shape  was  distorted.  Then  the  generator  was  cranked 
until  a charge  had  built  up  on  the  miniature  mirror.  In  all  cases,  when 
the  experiment  was  conducted  in  air,  the  mylar  film  did  take  on  a more 
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spherical  shape.  However,  it  was  not  possible,  with  the  equipment 
available,  to  build  up  enough  charge  to  remove  all  wrinkles  from  the 
miniature  mirror  surface. 

However,  when  the  experiment  described  above  was  done  in  an 
evacuated  bell  jar  to  more  closely  simulate  the  space  environment, 
it  was  not  possible  to  build  up  enough  charge  on  the  mirror  surface  to 
cause  it  to  even  slightly  change  shape.  This  occurred  because  too 
much  of  the  charge  continually  leaked  off  to  the  evacuation  system. 
Time  did  not  permit  further  investigation  of  this  concept.  Therefore, 
it  may  deserve  continued  consideration  because  should  it  prove  feasir- 
ble,  it  would  offer  a lightweight  method  of  inflating  large  space 
mirrors.  Additional  consideration  should  also  include  a study  of  the 

[ affects  on  the  mirrors  of  charged  particles  that  the  mirrors  would 

encounter  in  space. 

; The  Space  Division  of  Rockwell  International  has  proposed  a 

similar  concept.  They  proposed  that  a large  wire  net  be  constructed 
and  that  the  electrostatic  attraction  of  the  membrane  to  the  adjacent 
wire  net  be  used  to  inflate  the  membrane  (Ref  39:10). 

: I 

I j Gas  Filled  Mirror 

! 

j Rockwell  International  in  a proposal  to  NASA  has  also  suggested 

i 

! that  a mirror  could  be  made  which  would  use  gas  pressure  to  maintain 

I 

its  shape.  The  gas  filled  mirror,  as  envisioned  by  Rockwell,  would 
be  constructed  of  metallized  kapton  but  would,  in  addition,  have  f* 
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piece  of  0.  5 mil  transparent  FEP  Teflon  stretched  across  the  rim 

like  the  top  of  a drum.  The  gas  would  be  placed  between  the  teflon  ^ 

and  the  metallized  side  of  the  mirror,  at  a pressure  of  at  least  4 x 
10"^  N/m^  (Ref  39:12). 

The  obvious  disadvantage  of  this  type  of  system  is  that  the  sun- 
light must  pass  through  the  gas  twice  and  through  the  teflon  membrane 
twice.  In  addition,  micrometeoroid  damage  would  be  a problem  just 
as  it  was  for  the  pressurized  torus  rim  described  earlier. 

The  main  advantage  of  a gas  filled  mirror  over  the  other  I 

mirrors  described  in  the  remainder  of  this  appendix,  is  that  it  could 
more  closely  approximate  a perfect  parabola  or  sphere.  Whether 

t 

/ 

this  advantage  would  offset  the  need  for  at  least  1000  kg/yr  of  makeup 
gas  Rockwell  predicts  would  be  necessary  to  keep  the  system  inflated 
because  of  meteoroid  damage,  has  yet  to  be  demonstrated. 

The  last  three  mirror  designs  to  be  discussed  have  not  been 
considered  experimentally  but  are  included  in  the  event  that  they  may 
prove  to  be  of  value  in  initiating  further  research  in  this  field. 

Foam  Supported  Mirror 

In  the  case  of  a foam  supported  mirror,  small  tubes  of  kapton 
would  be  secured  in  the  seams  of  the  aluminized  kapton  membrane. 

They  would  be  so  designed,  that  when  inflated,  they  would  bulge  on 
the  non-aluminized  side  of  the  membrane  and  cause  the  membrane  to 
assume  a nearly  parabolic  or  spherical  shape.  Tubes  would  extend 
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radially  from  the  center  of  the  mirror  to  the  rim  as  well  as  trans- 
versely. 

As  mentioned  earlier,  finding  an  acceptable  foam  could  be  a 
problem.  Additionally,  the  fact  that  the  mirror  would  not  be  per- 
fectly spherical  or  parabolic  between  the  foam  tubes,  may  prove 
troublesome.  Although  this  latter  problem  can  be  reduced  by  putting 
the  tubes  closer  together,  this  would  at  the  same  time  increase  the 
total  mass  of  the  mirror.  Thus,  in  order  to  determine  the  optimum 
spacing  of  the  tubes  it  would  be  necessary  to  do  a design  study  to 
determine  the  reflectivity  as  a function  of  tube  spacing. 

Catenary  Supported  Mirror 

The  catenary  supported  mirror  would  have  problems  similar  to 
those  of  the  foam  supported  mirror.  However,  it  would  not  require 
foam  injection  through  small  tubes  over  long  distances,  a problem 
which  may  doom  the  foam  supported  concept.  In  the  case  of  a catenary 
supported  mirror,  tension  wires  would  be  attached  between  the  space- 
craft body  and  the  rim.  Drop  yarns  would  then  be  attached  between 
the  aluminized  kapton  membrane  and  the  tension  wires.  The  drop 
yarns  would  be  made  of  varying  lengths  such  that  when  the  tension 
wires  are  in  place,  the  mirror  membrane  would  be  forced  into  its 
proper  shape.  As  with  the  foam  supported  mirror,  both  radial  and 
transverse  tension  wires  could  be  required.  All  of  the  drop  yarns  of 
a transverse  tension  wire  would  be  the  same  length.  The  transverse 


i 
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wires  are  not  shown  in  Fig.  17. 

As  with  the  foam  supported  mirror,  some  reflectivity  would  be 
lost  because  the  mirror  membrane  would  not  be  perfectly  parabolic  or 
spherical  between  drop  yarn  attachment  points.  Also,  it  appears  that 
this  method  would  exert  greater  tension  on  the  outer  rim  of  the  mirror 
As  with  the  foam  concept,  further  study  would  be  required  to  evaluate 
the  stresses  involved  and  to  determine  the  optimum  spacing  of  the 
drop  yarn  attachment  points. 

Solid  Back  Fresnel  Mirror 

The  final  mirror  design  concept  to  be  discussed  is  the  solid 
back  Fresnel  mirror  concept.  This  concept  is  based  on  the  same 
principles  as  those  for  a Fresnel  lens.  As  shown  in  Fig.  17,  a flat 
and  rather  sturdy  back  membrane  would  be  stretched  tightly  within 
the  rim  of  the  mirror.  To  this  back  membrane  would  be  attached 
rings  of  flat  panels  of  aluminized  kapton  of  varying  widths.  The 
widths  would  vary  so  that  the  outer  edge  of  all  panels  would  be  an 
identical  distance  from  the  back  membrane.  Wires  would  extend 
from  the  central  hub  of  the  mirror  to  the  outer  rim  and  would  be 
attached  to  the  outer  edge  of  each  panel.  These  wires  would  be  a 
constant  height  above  the  back  membrane  and  would  provide  the  rig- 
idity necessary  to  maintain  the  proper  panel  configuration. 

The  geometry  of  the  solid  back  Fresnel  mirror  is  somewhat 
simpler  than  the  geometry  of  the  previous  concepts.  However,  it  is 
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not  clear  if  the  mass  of  the  back  membrane  and  the  increased  stress 
on  the  rim  caused  by  the  back  membrane  and  wires  would  negate  any 
mass  savings  obtained  by  not  having  to  use  foam  or  drop  yarns.  Other 
possible  disadvantages  are  that  the  wires  would  block  some  sunlight 
and  that  the  flat  panels  would  only  approximate  a parabolic  surface,  as 
in  the  case  of  foam  and  catenary  supported  mirrors.  Just  what  effect 
this  approximation  and  the  shadowing  by  the  wires  would  have  on  the 
reflectivity  of  the  mirror  remains  to  be  determined.  It  is  also  pos- 
sible that  the  Fresnel  mirror  would  not  dissipate  absorbed  sunlight 
as  easily  as  the  other  concepts  and  may  therefore  have  to  operate  at 
a higher  temperature. 

The  final  disadvantage  of  the  Fresnel  mirror  design  is  that  a 
portion  of  the  sunlight  reflected  by  a given  panel  would  be  intercepted 
by  the  adjacent  inner  panel.  To  determine  what  percentage  of  the 
reflecting  surface  is  essentially  lost  because  of  this  effect,  the  follow- 
ing computer  analysis  was  made.  To  simplify  the  analysis,  only 
incident  radiation  perpendicular  to  the  back  membrane  was  considered. 

The  first  step  in  the  computer  analysis  was  to  determine  the 
distance  between  the  outer  edge  of  the  panels  and  the  back  membrane. 

A value  of  13  cm  was  arbitrarily  selected.  Figure  19  illustrates  the 
geometry  of  this  problem.  Since  all  incident  radiation  was  assumed 
to  be  perpendicular  to  the  back  membrane,  all  incident  rays  striking 
a given  panel  between  points  J and  Q would  be  intercepted  by  the 
adjacent  inner  panel.  These  intercepted  rays  can  be  thought  of  as  lost 
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Fig.  19.  Geometry  for  Fresnel  Mirror 


since  they  represent  a decrease  in  the  reflectivity  of  the  mirror  | 

, 1 

surface.  By  the  law  of  sines,  A 


sin  (90-0) 

where  the  lengths  and  angles  are  as  specified  in  Fig.  19. 

The  next  step  in  the  analysis  was  to  determine  the  surface  area 
effectively  lost  as  a result  of  intercepted  reflected  light.  This  was  done 
by  considering  the  length  lost,  JQ,  as  the  lateral  surface  of  a cone. 
Then  the  surface  area  lost  on  a given  panel  would  be 

Area  Lost  = 7r(oj  + ^) JQ  (63) 

where  OJ  and  OQ  are  the  distances  from  the  center  of  the  mirror  to 
the  points  J and  Q,  respectively.  To  simplify  Eq.  (63),  OQ  was 
written  as 
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OQ  = OJ  + JQ  cos  fi 


(64) 


For  panels  with  outer  edges  13  cm  from  the  back  membrane,  a 

! * 330  m diameter  spherical  mirror  with  a radius  of  curvature  of  668.48 

! _ - 
! m,  would  have  approximately  159  panels.  Therefore,  combining 

1 * Eqs.  (63)  and  (64),  the  total  mirror  surface  area  lost  as  the  result  of 

intercepted  sunlight  would  be 

159  _ _ _ 

Total  Area  Lost  = J]  ir[2(OJ)  + (JQ)  cos  0 ] (JQ)  (65) 

J = 1 

When  a computer  program  was  generated  to  solve  Eq.  (65),  it  was 
found  that  the 

! 

i 

Total  Area  Lost  = 5364.4  m^  (66) 

For  comparison,  the  total  surface  area  of  the  mirror,  as  determined 
by  using  the  equation  for  the  surface  area  of  a spherical  cap,  would  be 

I 

I 

Total  Area  = ZttRx  (67) 

where  R is  the  radius  of  curvature  of  the  cap  and  x is  the  cross 
sectional  height  of  the  cap  (Ref  40:9).  For  a mirror  of  height  20.68  m 
’ and  radius  of  curvature  equal  to  668.48  m,  Eq.  (67)  yields 

Total  Area  = 86,859.8  m^  (68) 

As  a final  step  in  the  computer  analysis,  the  percentage  of  the 
total  surface  area  lost  was  determined  by  dividing  the  total  area  lost 
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in  Eq.  (66)  by  the  total  area  in  Eq,  (68).  From  this  calcula:ion  it  was 
determined  that  6.  18%  of  the  surface  area  of  the  mirror  would  be 
useless  because  of  interception  of  reflected  sunlight  by  the  adjacent 
inner  panel. 

It  should  be  noted  that  a more  precise  calculation  would  take 
into  consideration  the  affect  of  sunlight  incident  at  other  angles  of 
incidence.  However,  since  the  incident  sunlight  would  be  equally 
distributed  through  an  arc  of  0.  5°,  there  should  be  roughly  as  many 
rays  of  sunlight  intercepted  after  striking  a given  panel  between  points 
Q and  I of  Fig.  19,  as  there  would  be  rays  not  intercepted  which  were 
headed  for  points  between  J and  Q of  Fig.  19.  Therefore,  the  result 
of  a more  precise  calculation  would  be  roughly  the  same. 

Whether  any  of  the  mirror  designs  presented  in  this  appendix 
will  prove  to  be  of  use  in  future  space  applications  remains  to  be 
demonstrated.  Perhaps  in  the  long  rvin,  large  parabolic  or  spherical 
space  mirrors  will  prove  to  be  less  desirable  than  techniques  which 
employ  several  smaller  mirrors.  However,  it  is  hoped  that  should 
additional  work  be  done  in  this  field,  that  the  suggested  designs 
described  in  this  appendix  will  serve  to  suggest  feasible  alternatives. 


! 
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' The  purpose  of  this  appendix  is  to  describe  the  space  transpor- 

tation system  used  in  the  analysis  in  Chapter  IV  of  this  thesis.  The 
transportation  system  would  be  used  to  cheaply  and  efficiently  trans- 
port all  space  related  materials  for  the  OSR  and  SSP  systems  from 
the  Earth  to  various  Earth  orbits. 

This  appendix  is  divided  into  three  sections.  The  first  section 
consists  of  a description  of  the  various  vehicles  to  be  used  in  the  space 
transportation  system.  The  second  section  contains  the  SSP  opera- 
tions scenario  and  details  of  the  calculations  relative  to  the  SSP  trans- 
j portation  system.  The  third  section  is  similar  to  the  second  except 

that  it  applies  to  the  OSR  system. 

Transportation  System  Vehicles 

The  transportation  system  would  utilize  four  types  of  space 
vehicles:  a heavy  lift  launch  vehicle  (HLLV),  a personnel  and  priority 
cargo  launch  vehicle  (PLV),  a cargo  orbital  transfer  vehicle  (COTV), 
and  a personnel  orbital  transfer  vehicle  (POTV).  In  effect,  however, 
there  would  actually  be  five  vehicles  because  the  COTV  system  would 
use  two  vehicles:  the  COTVj_  and  the  COTVq. 


140 


r 


The  labels  COTV^  and  COTVq  originated  with  NASA  studies  of 
the  SSP  system.  Two  options  were  considered  by  NASA  in  determin- 
ing the  SSP  construction  scenario.  Either  the  space  portion  of  the 
SSP  could  be  constructed  in  low  Earth  orbit  (LEO)  and  then  transported 
to  geosynchronous  orbit  (GEO)  when  nearly  completed,  or  the  space 
portion  of  the  SSP  could  be  constructed  entirely  in  GEO. 

If  constructed  in  LEO,  the  COTVj^  vehicles  would  be  used  for 
the  orbital  transfer  to  GEO.  To  accomplish  this,  the  COTVj^  vehicle 
would  have  to  be  capable  of  transporting  large  payloads,  although  the 
transfer  could  take  several  months  (Ref  32:12-6). 

If  constructed  in  GEO,  long  transfer  times  would  be  unaccept- 
able because  they  would  delay  construction.  In  addition,  GEO  con- 
struction would  not  require  the  transportation  of  large  payloads  from 
LEO  to  GEO.  For  this  type  of  construction  scenario,  the  COTVq  was 
designed. 

Results  of  studies  by  NASA  indicated  that  even  in  a LEO  con- 
struction scenario,  both  vehicles  would  have  a role.  The  studies 
also  demonstrated  that  construction  in  LEO  would  be  more  economical 
(Ref  33:VI-18).  The  uses  of  the  COTV^  and  COTVq  in  LEO  construc- 
tion will  be  explained  more  fully  in  later  portions  of  this  appendix. 

Table  XVII  contains  a list  of  the  major  features  of  each  of  the 
proposed  transportation  system  vehicles.  The  HLLV  vehicle  described 
in  Table  XVII  is  a ballistic  single  stagc-to-orbit  (SSTO)  vc*hicle.  In 
considering  HLLVs,  NASA  evaluated  the  potential  of  three  types  of 
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Table  XVH 

Space  Transportation  Vehicles 


Characteristic 

HLLV 

PLV 

COTVl 

COTVq 

POTV 

Payload 
(Metric  Tons) 

221^ 

36^ 

1000^ 

250® 

20^ 

Payload 

(Passengers) 

- 

50^ 

- 

- 

753 

Propellant^ 
(Type  of  Fuel) 

LOp/ 

lhI 

LO,/ 

l4 

Argon^ 

LO2/ 

LH2 

I-O2/ 

LHo 

Propellant 
(Metric  Tons/ 
Round  Trip) 

9304. ^ 

1892^ 

800® 

4753 

159® 

Inert  Mass 
(Metric  Tons) 

853.2® 

2562 

166^ 

353 

19® 

Cost^® 

($10^ /Flight) 

9.6l 

IO.7II 

32.  1® 

10.7® 

la.  8® 

Lifetime 

(Flights) 

300^^ 

100^4 

10^ 

30® 

30® 

'Ref  11:208,  where  7 metric  tons  have  been  subtracted  for  mass 
of  orbital  maneuvering  system  (Ref  33:VI-2). 

^Ref  33:VI-9.  Payload  can  be  either  36  metric  tons  or  50 
passengers,  but  not  both. 

^Ref  33: VI- 19. 

^Ref  33:VI-17,  but  only  from  LEO  to  GEO. 

^Ref  33;VI-17,  while  also  carrying  20  metric  tons  of  cargo. 

^Assumption  for  this  thesis  was  that  all  but  the  COTVj^  would 
use  liquid  oxygen/liquid  hydrogen  fuel  (LO2/LH2).  In  actuality,  the 
HLLV  and  PLV  systems  would  use  LO^/LH^  plus  other  fuels  such 
as  kerosene,  hydrocarbon  (Ref  33:Vl-8),  propane,  and  RP-1  (Ref 


Table  XVII  (continued) 


33:VI-3).  However,  the  amount  of  these  other  fuels  needed  has  not 
been  specified. 

'^Ref  33:VI-10. 

g 

Ref  34:Appendix  IX,  p 13,  13A.  Inert  mass  includes  115  metric 
tons  of  water  which  is  assumed  expended  after  each  flight. 

^Ref  33:VI-19.  Includes  110  metric  tons  expended  per  flight. 

^^Includes  cost  of  vehicles,  operations,  and  amortized  spares/ 
refurbishment  adjusted  from  1976  to  1977  dollars  assuming  a 7% 
inflation  rate  in  1976. 

^^Ref  33:VI-18. 

^^All  vehicles  are  also  limited  to  10  year  lifetimes,  if  that 
occurs  before  flight  limits  (Ref  32:6-4). 

^^Ref  33:VI-2. 

14  I 

Ref  26:45  based  on  current  space  shuttle  lifetime. 

vehicles.  These  included  the  SSTO,  a two- stage  ballistic  vehicle,  and 
a two-stage  winged  vehicle. 

For  the  transportation  analysis  described  in  this  appendix,  the 
SSTO  vehicle  was  selected  for  two  reasons.  First  of  all,  more  data 
was  available  relative  to  the  SSTO  vehicle.  Secondly,  NASA,  in  a 
preliminary  analysis,  found  that  of  the  three  HLLVs  listed  above,  the 
SSTO  vehicle  would  be  of  intermediate  cost  (Ref  33:VI-6). 

The  HLLV,  shown  in  Fig.  20,  would  be  used  to  transport  all 
SSP  and  OSR  materials,  including  all  space  support  facilities,  from 
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the  Earth  to  LEO.  Current  specifications  list  the  payload  at  228 
metric  tons  (Ref  11:208),  of  which  3%  would  be  lost  in  order  to  carry 
the  orbital  maneuvering  system  (OMS)  used  for  final  HLLV  rendezvous 
(Ref  33:VI-2).  However,  the  Johnson  Space  Center  has  projected  that 
the  eventual  nominal  HLLV  payload  will  be  700  metric  tons  (Ref  33: 
VI-18). 
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The  PLV,  shown  in  Fig.  21,  would  be  used  to  transport  all 
personnel  from  the  Earth  to  LEO,  although  it  could  also  be  used  to 
make  high  priority  deliveries  of  small  payloads.  The  design  would  be 
essentially  a modified  space  shuttle  (Ref  33:VI-8). 
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because  its  propulsion  system  requires  its  payload  to  supply  electrical 
energy.  A magnetoplasmadynamic  arcjets  propulsion  system  with 
argon  fuel  is  tentatively  being  projected  for  use  with  the  COTVj^  (Ref 
33:VI-8,  9,  10). 

The  COTVq,  shown  in  Fig.  E2,  would  not  require  electricity 
from  its  payload.  Recent  studies  have  indicated  that  an  oxygen/ 
hydrogen  propulsion  system  would  be  most  advantageous.  Delivered 
to  LEO  by  the  HLLV  system,  a COTVq's  primary  mission  would  be 
to  transport  supplies  from  LEO  to  GEO  and  to  return  to  LEO  materials 
no  longer  needed  at  the  GEO  location  (Ref  33;VI-12). 
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Fig.  22.  Cargo  Orbital  Transfer  Vehicle  (COTVq) 

(Based  on  Ref  33:VI-14) 

The  final  required  space  transportation  vehicle  would  be  the 
POTV,  shown  in  Fig.  23.  It  would  be  used  to  transport  all  personnel 

on  round  trip  missions  between  LEO  and  GEO.  One  round  trip  mission  j 
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Fig.  23.  Personnel  Orbital  Transfer  Vehicle  (POTV) 

(Based  on  Ref  33;VI-17) 

would  take  less  than  a day  between  LEO  and  GEO.  In  addition  to 
personnel,  or  in  place  of  personnel,  the  POTV  would  also  be  capable 
of  carrying  high-priority  cargo.  Like  the  COTVj_  and  COTVq,  the 
POTV  would  be  delivered  to  LEO  by  the  HLLV  system  (Ref  33;VI-12, 
14,  15,  16). 
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It  should  be  noted  that  data  relative  to  the  transportation  system 
described  above  is  very  preliminary.  However,  with  the  data  avail- 
able, it  is  possible  to  get  an  idea  of  the  magnitude  of  the  transporta- 
tion system  that  v/ould  be  required  for  both  the  SSP  and  the  OSR  sys- 
tems. For  example,  the  size  of  the  payloads  of  the  various  systems 
is  flexible.  The  actual  payload  mass  could  be  adjusted  to  a higher  or 
lower  amount  as  necessary  as  long  as  the  propellant  mass,  inert  mass, 
and  cost  were  equally  adjusted.  Additionally,  the  lifetime  of  a given 
vehicle  would  have  to  be  reconsidered.  In  essence,  what  is  important 
is  the  relationship  between  these  various  specifications  because  it  is 
this  relationship  that  determines  the  magnitude  of  the  space  transpor- 
tation system. 

In  this  appendix,  data  for  both  the  SSP  and  OSR  systems  will  be 
presented  in  tabular  form.  In  addition,  for  each  transportation 
vehicle,  the  requirements  that  determine  the  amount  of  material  that 
must  be  transported  will  be  listed  and  where  necessary,  an  explana- 
tion will  accompany  the  requirement  to  clarify  its  origin.  Following 
these  lists  will  be  an  explanation  of  how  the  vehicle,  mass,  and  cost 
figures  were  calculated. 

The  SSP  Transportation  System 

The  SSP  transportation  system  is  designed  for  LEO  construction. 
Construction  would  require  120  people  working  for  330  days  in  LEO. 
Transfer  to  GEO  would  be  accomplished  with  a COTVj^  and  would  take 
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60  days.  At  GEO,  a crew  of  IZ  would  complete  the  SSP  assembly. 

This  crew  would  be  transported  to  GEO  by  a POTV  and  would  work  out 
of  a space  station  and  logistics  depot  connected  directly  to  the  SSP. 

Once  in  operation,  the  rated  electrical  capacity  of  the  SSP  system 
would  be  10  GWe  (Ref  32:9-5). 

The  main  component  of  the  space  transportation  system  would  be 
the  HLLV.  It  would  place  its  payload  in  90  km  by  500  km  orbits  at  an 
inclination  of  28.  5°.  NASA  anticipates  that  lift-off  would  be  from  the 
NASA  John  F.  Kennedy  Space  Center  (Ref  33:VI-2).  ^ 

Vehicular  Requirements  and  Costs.  Table  XVIII  contains  a list  | 

i 

of  the  number  of  flights  that  would  be  required  of  each  vehicle  in  con-  j 

I 

/ 

structing,  operating,  and  maintaining  one  10  GWe  SSP  system.  It  also 
contains  a list  of  the  number  of  copies  of  each  vehicle  that  would  be 
required,  based  on  the  anticipated  lifetime  of  each  vehicle.  Finally, 
it  contains  a list  of  the  cost,  in  1977  dollars,  of  each  vehicular  system 
based  on  the  cost  per  flight  from  Table  XVII.  The  determination  of  the 
required  number  of  flights  was  made  in  accordance  with  the  following 
requirements: 

POTV  Requirements: 

1.  GEO  operations  crews  would  require  12  pecple/year, 
working  for  30  years  in  1 year  shifts  (Ref  32:7-66). 

2.  Personnel  provisions  required  for  GEO  operations  would 
be  2.5  metric  ton  /person-year  (Ref  33:V-14). 
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Table  XVm 

SSP  Space  Transportation  Vehicle  Requirements 


V ehicle 

Number  of 

Flights 

Number  of 
Vehicles 

Cost^ 

($10^) 

HLLV 

1190 

42 

11,424. 

PLV 

33^ 

3 

353.  1 

COTVl 

94 

10 

3,017.4 

COTVq 

102 

4 

1,  091.4 

POTV 

30^ 

3 

384. 

^Based  on  cost  per  flight  from  Table  XVII. 

^This  number  could  be  as  high  as  6 since  most  of  the  trips 
would  occur  early,  although  a few  would  stretch  over  30  years. 

^Based  on  need  for  120  men  in  first  year  and  only  12  for  the 
following  30  years.  Assumes  a slight  design  modification,  to  take 
12  men  and  30  metric  tons  of  cargo  per  flight. 

■^Assumes  one  flight  per  year. 


COTVq  Requirements: 

1.  SSP  maintenance  would  require  850  metric  tons /year  for 
30  years  (Ref  33:V-14). 

1 

COTVl  Requirements; 

( 

I 

1.  The  mass  of  the  SSP  to  be  transported  to  GEO  would  be  j 

9.346  X 10^  metric  ton  (Table  VI).  This  mass  includes 

an  additional  11%  of  solar  collector  and  solar  propulsion  j 

system  mass  to  account  for  solar  cell  losses  which  would 

occur  during  transit  through  the  radiation  belt.  j 

2.  The  mass  of  the  operations  and  maintenance  facilities  j 

that  would  have  to  be  transported  to  GEO  would  be  112  ' 

150  j 


metric  tons  (Ref  32:9-11,9-23) 


1 

I 


PLV  Requirements: 

1.  GEO  operations  crews  would  consist  of  12  people/year 
working  in  1 year  shifts  (Ref  32:7-66). 

2.  LEO  construction  crew  would  require  120  people  for  a 1 
year  period  (Ref  32:9-5). 

3.  Personnel  provisions  would  be  2.5  metric  tons/person- 
year  (Ref  33:V-14).  Only  the  operations  crew's  pro- 
visions would  fit  in  the  PLV.  The  construction  crew's 
provisions  would  be  transported  in  an  HLLV. 

HLLV  Requirements: 

1.  The  total  mass  of  the  POTV,  COTVq,  and  COTVj_ 
vehicles,  as  listed  in  Tables  XX  and  XXI  would  have  to 
be  placed  in  LEO. 

2.  The  9.346  x 10^  metric  ton  (Table  VI)  mass  of  the  SSP 
would  have  to  be  placed  in  LEO. 

4 

3.  The  2.55  x 10  metric  ton  SSP  maintenance  material 
would  have  to  be  placed  in  LEO  (Ref  33:V-14). 

4.  A mass  of  1000  metric  tons  would  have  to  be  placed  in 
LEO  for  maintenance  material  for  the  space  construction 
and  maintenance  facilities  (Ref  33:V-14). 

5.  The  mass  of  the  construction  and  maintenance  facilities 
themselves  would  require  that  2676  metric  tons  be 
placed  in  LEO  (Ref  32:9-23). 

6.  Personnel  provisions,  at  the  rate  of  2.  5 metric  tons/ 
person-year  (Ref  33:V-14)  would  have  to  be  placed  in 
LEO  for  the  construction  crews. 

Vehicular  Masses.  Table  XIX  includes  data  relative  to  the 
material  components  of  an  HLLV.  The  materials  are  divided  into  two 
categories;  those  that  would  be  required  once  in  a vehicle's  lifetime, 
and  those  which  would  have  to  be  replaced  after  each  flight. 
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Table  XDC 

HLLV  Material  Components^ 


Component 

Mass  Metric  Ton 

Per  Vehicle  Requirements 

Aluminum 

498.  1 

Insulation 

5.  5 

Copper 

33.0 

Steel 

10.9 

Inconel^ 

187.  1 

Electronics 

2.0 

TBD 

1.6 

Per  Flight  Requirements 

Water 

115.  0 

Propellant 

9,304.  5 

Ref  34: Appendix  IX,  p 12-13A.  Does  not  include  material 
requirement  for  periodic  maintenance  and  refurbishment  of  trans- 
portation system. 

^A  nickel  alloy. 

No  data  was  available  relative  to  the  material  components  of  the 
other  space  vehicles.  However,  since  all  but  the  COTVj_  would  use 
propellant  systems  similar  to  the  HLLV  propellant  system,  it  was 
decided  that,  as  a first  approximation,  all  but  the  COTVj_  could  be 
considered  miniature  HLLVs. 
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Since  data  'was  available  relative  to  the  total  inert  naass  and 
propellant  mass  of  each  vehicle,  these  parameters  were  used  as  a 
basis  for  the  miniaturization.  The  total  propellant  and  inert  masses 
were  not  adjusted.  However,  each  vehicle  was  assumed  to  contain 
inert  mass  components  in  the  same  proportion  as  the  HLLV.  To 
calculate  the  exact  proportionality  factor,  the  total  inert  mass  of  each 
vehicle  was  divided  by  the  total  inert  mass  of  an  HLLV,  as  given  in 
Table  XVII.  For  example,  for  the  PLV  the  ratio  of  proportionality  is 

= 0.3000  (69) 

853.2 

This  ratio  was  then  used  to  conclude  tliat  a PLV  would  contain  30%  of 
the  aluminum  contained  in  1 HLLV,  30%  of  the  insulation  contained  in 
1 HLLV,  and  so  forth  for  each  HLLV  component  except  propellant. 

Table  XX  contains  a list  of  the  ratios  for  the  PLV,  COTVq,  and 
POTV  systems.  It  also  contains  a list  of  the  material  requirements 
for  these  systems  based  on  «he  number  of  flights  required  of  each 
system  from  Table  XVIIl.  The  inert  material  requirement,  except 
water,  was  determined  by  multiplying  the  vehicles  ratio  of  proportion- 
ality by  the  number  of  vehicles  required  from  Table  XVIII.  The  water 
requirement  was  determined  by  multiplying  the  ratio  by  the  number  of 
flights  required  from  Table  XVIlI  because  water  was  considered  to  be 
an  expended  resource.  The  propellant  required  was  determined  by 
multiplying  the  mass  of  propellant  required  per  flight  from  Table  XVII 
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Table  XX 

SSP  PLV,  COTVq,  and  POTV  Requirements 


Item 

PLV 

COTVq 

POTV 

Ratio:  System  Inert 

HLLV  Inert 

0.3000 

0.0410 

0.0223 

Inert  Mass,  except 

water  (#  of  HLLVs)^ 

0.9 

0.  164 

0.0669 

Water  (#  of  HLLVs)^ 

9.9 

4.  182 

0.669 

Propellant  (Metric 

Tons) 

62,436. 

48,450. 

4,770. 

Total  Mass^ 

(Metric  Tons) 

64, 239. 

49,052. 

4,896. 

^Units  are:  the  equivalent  number  of  HLLVs. 

2 

Based  on  1 HLLV  = 738.2  metric  ton  for  non-water  inert. 

1 HLLV  = 115.0  metric  ton  for  water 

• 

by  the  number  of  flights  required  from  Table  XVIIL 

Table  XXI  contains  data  similar  to  that  found  in  Table  XX.  How- 
ever, since  the  COTV^  propulsion  system  would  not  be  similar  to  the 
HLLV's  propulsion  system,  the  inert  mass  could  not  be  considered  as 
a miniature  HLLV.  The  inert  mass  requirement  was  determined  by 
multiplying  the  inert  mass  per  vehicle  from  Table  XVII  by  the  number 
of  COTVj_s  required  from  Table  XVIII.  The  propellant  requirement 
was  determined  by  multiplying  the  propellant  per  flight  from  Table 
XVU  by  the  number  of  flights  required  from  Table  XVIIl. 
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Table  XXI 

SSP  COTV^  Requirements 


Component 

Mass  (Metric  Tons) 

Inert  (TBD)^ 

10,900. 

Argon  Fuel 

75,  200. 

Total 

86, 100. 

^ Based  on  10  units  of  166  metric  ton  and  84 

units  of  110  metric  tons 

to  account  for  expend- 

able  inert  mass.  (Data  from  Tables  XVII  and 

xvm. ) 

Finally,  in  Table  XXII,  all  of  the  data  relative  to  the  mass  of 
the  SSP  space  transportation  system  is  assembled. 

The  OSR  Transportation  System 

For  this  analysis,  it  was  assumed  that  the  OSR  transportation 
system  would  use  the  same  vehicles  used  in  the  SSP  system.  The 
reason  for  this  assumption  was  that  NASA  is  moving  in  the  direction 
of  development  of  the  vehicles  described  in  this  appendix.  Therefore, 
f it  is  unlikely  that  an  entirely  different  set  of  vehicles  would  be  devel- 

\ oped  for  the  OSR  system.  However,  as  mentioned  earlier,  it  is 

[ 

( possible  to  scale  the  vehicles  to  different  sizes  and  this  was  done  as 

i ..... 

[ necessary  in  this  appendix. 

' The  OSR  system  differs  from  the  SSP  system  in  several  ways. 

First  of  all,  essentially  only  two  construction  functions  would  be 
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Item 

HLLV  Factor 

Mass 

(10^  Metric  Ton) 

Aluminum 

5. 13ll 

2.556 

Insulation 

5.  131^ 

0.  028 

Copper 

5.  131^ 

0.  169 

Steel 

5.  13ll 

0.056 

Inconel 

5.  131^ 

0.960 

Electronics 

5.  13ll 

0.010 

TBD 

Ncn-COTVL 

5.  131^ 

0.008 

COTVl 

-- 

10.9 

Water 

1204. 751^ 

138.546 

Propellant 

9753.65^ 

-- 

1434.36^ 

Argon 

-- 

75.2 

Total  Mass 

-- 

11,416.4 

^Based  on  4 HLLV  vehicles  plus  HLLV  units  for  inert  mass  of 
PLV,  COTVq,  and  POTV,  Table  XX. 

^Based  on  1190  HLLV  flights  plus  HLLV  units  for  water  of  PLV 
COTV^^,  and  POTV,  Table  XX. 

3 

LO2/LH2  ratio  based  on  ratio  of  approximately  (6.8):(1)  used 
in  Ref  5:145-147  energy  analysis. 

^Based  on  1190  HLLV  flights  and  propellant  required  from 
Table  XX. 
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performed  in  space:  reflector  coating  (Ref  14:56)  and  reflector 
assembly  (Ref  13:45).  Secondly,  the  system  would  use  a Sun- 
synchronous  orbit.  This  highly  retrograde  orbit  would  increase 
transportation  costs  by  at  least  100%  by  reducing  the  allowable  pay- 
load  (Ref  14:56).  To  compensate  for  this  fact  in  this  analysis,  the 
HLLV  eoid  PLV  payloads  listed  in  Table  XVU  were  assumed  to  be  cut 
in  half.  Thirdly,  the  OSR  would  require  a large  quantity  of  kapton 
reflector  material.  This  material  would  be  bulky  when  packaged. 
Thus,  an  HLLV  loading  factor  was  devised. 

The  component  parts  of  an  OSR  system  reflector  would  be 
smaller  reflectors  known  as  Lunettas.  One  Lunetta  could  be  carried 
by  the  current  space  shuttle  and  would  have  a mass  of  19.77  metric 
tons  (Ref  13:27).  Since  the  maximum  payload  of  the  current  space 
shuttle  is  29.485  metric  tons  (Ref  26:49),  the  loading  factor  for  the 
OSR  reflectors  would  be 


19.77 

29.485 


0.67 


(70) 


Thus,  it  was  assumed  that  the  HLLV  could,  by  weight,  be  loaded  at 
67%  of  its  anticipated  payload  capacity  with  OSR  system  reflectors. 
This  loading  factor  reduced  the  HLLV  payload  to  74  metric  tons.  It 
should  be  noted  that  in  this  analysis,  the  loading  factor  war  applied 
only  to  the  initial  OSR  space  system  mass,  and  not  to  support  equip- 
ment or  replacement  parts. 
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A fourth  fundamental  difference  between  the  OSR  and  SSP  eys- 


tems  is  that  the  OSR  system  would  not  use  a geosynchronous  orbit. 

In  the  transportation  scenario,  the  HLLV  and  PLV  systems  would 
transport  people  and  supplies  to  a Sun -synchronous  service  orbit  at 
550  km  (Ref  14:35).  After  assembly,  each  reflector  would  then  be 
transferred  to  a sodium  coating  facility  located  in  a HOC  km  orbit 
(Ref  14:56).  After  coating  is  complete,  each  reflector  would  be  trans- 
ferred again  to  a Sun -synchronous  4184  km  orbit  from  which  it  would 
operate  (Ref  13:43).  It  is  expected  to  take  15  years  to  get  the  entire 
system  into  operation  (Ref  13:55). 

At  the  10  and  20  year  points  of  each  reflector's  lifetime,  the 
reflector  would  be  transferred  back  to  the  1100  km  orbit  for  recoating 
(Ref  14:56).  COTVq  vehicles  would  be  used  for  transfer  from  the 
1100  km  orbit  to  the  4184  km  orbit  in  each  case  and  would  be  supple- 
mented with  solar  pressure  for  orbital  plane  changes  (Ref  13:28). 

« 

Vehicular  Adjustments.  Since  the  intra- space  transportation 
vehicles  would  not  have  to  travel  as  far  as  geosynchronous  orbit,  it 
follows  that  they  would  need  less  propellant  to  transport  a given  pay- 
load.  To  determine  how  much  the  propellant  requirement  could  be 
reduced,  the  following  analysis  was  completed. 

The  potential  energy  of  a satellite  system  is  given  by 


U(r)  = 


where  Gg  is  the  universal  gravitational  constant,  m^  is  the  mass  of 
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the  Earth,  rrig  is  the  mass  of  the  satellite,  and  r is  the  distance  from 
the  center  of  the  Earth  to  the  satellite  (Ref  38:406-407). 

The  kinetic  energy  of  a satellite  system  is  given  by 


K(r)  = —S. — ® — L 
2r 


(Ref  38:412).  The  difference  in  energy  between  two  different  orbits, 
rj  and  r^t  would  be  tlie  difference  in  the  kinetic  and  potential  energies 
of  the  two  orbits.  This  difference  would  be 


^ -GgHigiiig  ^ GgiUgnig  ^ 


/ L- 


2rj  2r2 


where  r2  is  greater  than  rj. 

Equation  (74)  was  applied  to  the  OSR  system  by  calculating  the 
energy  difference  between  550  km  and  1100  km  orbits,  between  1100 
km  and  4184  km  orbits,  and  between  550  km  and  3.  59  x 10^  km  geo- 
synchronous orbits.  The  radius  of  the  Earth  was  assumed  to  be  6376 
km  and  the  mass  of  the  Earth  was  assumed  to  be  5.  98  x 10^^  kg.  The 


results  of  the  calculations  were: 

1.  The  550  km  to  1100  km  energy  difference  was  determined 
to  be  2.  12  km^/sec  . 


2.  The  1100  km  to  4184  km  energy  difference  was  determined 
to  be  7.79  km^/sec  . 
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3.  The  550  km  to  3.59  x 10  km  energy  difference  was 
determined  to  be  24.  08  km^/ sec  . 

mg 

Assuming  that  the  amount  of  propellant  required  by  a given 
spacecreift  is  directly  proportional  to  the  cheuige  in  energy  that  it  must 
undergo,  then  it  is  possible  to  determine  how  much  of  the  propulsion 
system  would  no  longer  be  required  for  OSR  applications.  For 
example,  a transfer  from  550  km  to  1100  km,  based  upon  the  above 
calculations,  would  require  only 


2.  12 

24.08 


0.088 


(75) 


or  only  8.  8%  of  the  propellant  needed  by  a vehicle  carrying  the  same 
payload  to  geosynchronous  orbit.  Similarly,  the  1100  km  to  4184  km 
orbital  change  would  require  only  32.  35%  of  the  propellant  needed  for 
geosynchronous  transfer. 

In  this  analysis,  the  POTV  was  reduced  in  size  and  cost  by 
multiplying  by  8.  8%.  The  payload  was  assumed  to  be  held  constant 
and  the  inert  mass  propellant,  and  operational  cost  of  the  POTV  was 
scaled  down  by  multiplying  the  Table  XVII  values  by  8.  8%. 

The  COTVq  vehicles,  however,  were  first  increased  in  size  to 
accommodate  one  OSR  reflector,  A reflector  would  have  a mass 
density  of  90.72  metric  tons/km^  and  have  an  area  of  8.73  km^  (Ref 
13:26,43).  Thus,  one  reflector  would  have  a mass  of  792  metric  tons. 
The  COTVq  listed  in  Table  XVII  would  have  a mass  of  250  metric 
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tons.  Thus,  the  OSR  COTVq  would  have  to  be  3.  168  times  larger. 

The  mass  and  operation  cost  figures  would  also  be  3.  168  times 
larger. 

After  adjusting  the  figures  for  the  COTVq  as  described  above, 
these  figures  were  then  multiplied  by  8.8%  and  32.  35%  to  account  for 
orbital  transfer  to  1100  km  and  4164  km,  respectively.  However,  the 
payload  was  held  constant  at  792  metric  tons.  Table  XXIII  contains 
appropriately  adjusted  data  for  the  entire  OSR  space  transportation 
system. 

Vehicular  Requirements  and  Cost.  Table  XXIV  contains  data 
relative  to  the  number  of  flights,  number  of  vehicles,  and  total  cost 
that  would  be  required  to  construct,  operate,  and  maintain  one  74.  2 
GWe  OSR  system.  Data  for  the  manpower  requirements  was  based  on 
the  ratio  of  the  SSP  orbital  mass  to  the  OSR  reflector  mass.  In 
particular,  the  orbital  mass  of  the  SSP  system  would  be  9.  346  x 10^ 
metric  tons.  The  orbital  mass  of  the  OSR  system  would  be  1.0454  x 
10®  metric  tons  based  on  1320  reflectors  at  8.73  km  each  and  a mass 
of  90.72  metric  tons/km^  (Ref  13:26,43).  Thus,  the  scaling  factor 
would  be 

9.346  X 10^ 

Data  for  OSR  manpower  requirements  was  determined  by  multi- 
plying the  corresponding  SSP  figures  by  11.  18.  This  was  done  based 
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Table  XXIU 

OSR  Adjusted  Space  Transportation  System  V 


Charac  teristic 

HLLV 

PLV 

COTVq2 

COTVq3 

POTV 

Payload  (Metric 
Tons) 

110.5^ 

18 

792 

792 

20 

Payload 

(Passengers) 

- 

25 

- 

- 

75 

Propellant 
(Type  of  Fuel) 

LO,/ 

jlhI 

LOo/ 

lh‘ 

LO,/ 

LH2 

LO./ 

LH2 

LO2/ 

LH2 

Propellant 
(Metric  Tons/ 
Round  Trip) 

9304.5 

1892 

132.4 

486.  8 

14.0 

Inert  Mass 
(Metric  Tons) 

853.2 

256 

9.8 

35.9 

1.7 

Cost  ($10^/ 
Flight) 

9.6 

10.7 

3.0 

11.  0 

1.  1 

Lifetime 

(Flights) 

300 

100 

30 

30 

30 

^Based  on  material  from  Table  XVll,  adjusted  as  described  in 
the  text. 

2 

For  oibital  transfer  from  550  km  to  1100  km. 

^For  orbital  transfer  from  1100  km  to  4148  km. 

I ^For  OSR  material  use  74  metric  ton  to  account  for  packing 

j factor. 
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Table  XXIV 

OSR  Space  Transportation  Vehicle  Requirements^ 


Vehicle 

Number  of 
Flights 

Number  of 
Vehicles 

Cost^ 

($10^) 

HLLV 

39, 889 

133 

382,934.4 

PLV 

215 

3 

2,  300. 5 

COTVq^ 

4,  198 

140 

12,  594.0 

COTVq'^ 

3,960 

132 

43,  560.0 

POTV 

60 

3 

66.  0 

^ Based  on 

calculations  similar  to  those  done  to  compile  Table 

xvm. 

^Based  on 

per  flight  cost  of  Table  XXIU. 

^For  orbital  transfer  from  550  km  to  1100  km. 

4 

For  orbital  transfer  from  1100  km  to  4148  km 

• 

on  the  assumption  that  manpower  required  for  space  operations  is 
directly  proportional  to  the  amount  of  material  being  assembled  and 
maintained. 

The  specific  requirements  used  to  formulate  Table  XXIV  were: 

POTV  Requirements: 

1.  Orbital  operations  and  maintenance  would  require  134 
people/year,  working  in  1 year  shifts  for  30  years,  at 
1100  km.  The  11.  18  factor  was  used  here. 

2.  Personnel  provisions  required  would  be  2.  5 metric 
tons /person-year  (Ref  33:V-14),  working  at  1100  km. 
However,  only  20  metric  tons /flight  would  be  carried 
by  the  POTV.  The  rest  would  go  in  the  COTVq. 
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COTVq  Requirements: 

1.  OSR  maintenance  would  require  30%  of  the  original  OSR 
reflector  mass,  or  3.  13  x 10^  metric  tons  over  a 30 
year  period  (Ref  14:55).  This  would  be  transported  to 
1100  km. 

2.  The  OSR  mass  of  1.0454  x 10^  metric  tons  would  be 
transported  once  to  1100  km. 

3.  The  OSR  mass  of  1.  0454  x 10^  metric  tons  would  be 
transported  three  times  between  1100  km  and  4184  km, 
for  sodium  coating  purposes. 

4.  Personnel  provisions  for  the  operations  and  mainte- 
nance crews  at  1100  km  which  would  not  fit  in  the  POTV 
would  be  carried.  This  would  amount  to  8850  metric 
tons  based  on  POTV  requirements,  above. 

5.  The  mass  of  the  operations  and  maintenance  facilities 
to  be  transported  to  .100  km  would  be  approximately 
4282  metric  tons.  This  value  was  determined  by 
assuming  that  each  person  would  require  an  equal 
amount  of  equipment.  Since  the  OSR  construction  would 
take  15  years  (Ref  13:55),  only  89  people/year  would  be 
required  for  construction.  Thus,  while  the  SSP  would 
need  120  people  for  construction  and  12  for  maintenance 
in  a given  year  (a  total  of  132),  the  OSR  would  need  only 
89  for  construction  and  134  for  maintenance  (a  total  of 
223).  Therefore,  the  ratio  of  OSR  to  SSP  construction 
and  maintenance  facility  needs  should  be  about  1.6:1. 

^ # 

6.  The  mass  of  material  required  to  maintain  the  opera- 
tional facilities  in  1100  km  orbit  would  be  1600  metric 
ton.  This,  too,  was  based  on  the  ratio  of  1.6:1  as 
explained  above. 

7.  The  nnass  of  COTVq  system  required  for  the  1100  to 
4184  km  orbital  transfer  would  have  to  be  transported 
from  550  km  to  1100  km. 

PLV  Requirements: 

1.  Operations  and  maintenance  crews  at  1100  km  orbit 

would  require  134  people/year,  working  in  1 year  shifts 
for  30  years. 
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2.  Construction  at  550  km  would  require  89  people/year 
for  15  years. 

HLLV  Requirements: 

1.  The  total  mass  of  the  POTV  and  COTVq  vehicles 
required,  must  be  placed  in  550  km  orbit. 

2.  The  1.0454  x 10^  metric  ton  mass  of  the  OSR  must  be 
placed  in  550  km  orbit,  at  74  metric  ton/HLLV  flight. 

5 

3.  The  3.  13  x 10  metric  ton  OSR  maintenance  material 
must  be  placed  in  550  km  orbit. 

4.  The  mass  of  1600  metric  tons  for  maintenance  material 
for  the  operations  and  maintenance  facilities  must  be 
placed  in  550  km  orbit. 

5.  The  mass  of  the  operations  and  maintenance  facilities 
of  4282  metric  tons  must  be  transported  to  550  km. 

6.  All  personnel  provisions,  at  2.5  metric  tons/person- 
year  must  be  transported  to  550  km. 

Vehicular  Masses.  Tables  XXV  and  XXVI  contain  information 
relative  to  the  mass  of  the  OSR  transportation  system.  This  informa- 
tion was  calculated  in  a manner  similar  to  the  calculations  for  the  SSP 
system.  Therefore,  the  explanation  of  these  calculations  will  not  be 
repeated. 
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Table  XXV 

OSR  PLV,  COTVq,  and  POTV  Requirements^ 


Item 

PLV 

COTV^^^ 

COTVq^ 

POTV 

Ratio:  System  Inert 
HTLV  Inert 

0.3000 

0.0115 

0.0421 

0.0020 

Inert  Mass  except 
water  (#  of  HLLVs)'^ 

0.9 

1.61 

5.  557 

0.006 

Water  (#  of  HLLVs)'^ 

64.5 

48.277 

166.716 

0.  12 

Propellant  (10^ 
Metric  Tons) 

406.  8 

555.  8 

1927.7 

0.  8 

Total  Mass  ( 10^ 
Metric  Tons)^ 

414.9 

562.  5 

1951.0 

0.  8 

^Based  on  calculations  similar  to  those  done  to  compile  Table 

Table  XVin. 

^For  orbital  transfer  from  550  km  to  1100  km. 

^For  orbital  transfer  from  1100  km  to  4148  km. 

^Units  are:  the  equivalent  number  of  HLLVs. 

^Based  on  1 HLLV  = 738.  2 metric  ton  for  non-water  inert. 

1 HLLV  = 115.0  metric  ton  for  water. 
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Table  XXVI 

OSR  Space  Transportation  Mass  Requirements^ 


Item 

HLLV  Factor 

Mass 

(10^  Metric  Ton) 

Aluminum 

141.073 

70.268 

Insulation 

141.073 

0.776 

Copper 

141.073 

4.665 

Steel 

141.073 

1.  538 

Inconel 

141.073 

26. 395 

Electronics 

141.073 

0.282 

TBD 

141.073 

0.226 

Water 

40,  166.6 

4619. 389 

Propellant 

LO2 

- 

326,084.67 

LH2 

- 

47,953.63 

Total  Mass 

- 

378,761.  83 

^Based  on  calculations  similar  to  those  done  to  compile  Table 

XXU. 
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